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SECTION O

INTRODUCTION

The gas geﬂerator has replaced aimost completely the internal
combustion zngine as a source of propulsive power in military aircraft.

A basic understanding of the principles of operation of the gas generator
and the other elements of the aircraft propulsive system is essential to
prooer understanding of test techniques and results. The purpose of this
manu2l, therefore, is to present the underlying concepts of the turbine
sngins, to develop the component characteristics, and to combine the
components into an "operating'" engine.
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For purposes of this text, aircraft turbine power plants are grouped
into threze general categories: the pure turbojet, the turbo-prop, and
- the by-pass engine. Basically, thrust is produced by these engines as
follovws-

Puré Jet

In the pure jet, depicted in Figure 0.1, air'is admitted at some
velocity and dxscharged at ‘a velocity higher than ‘that at which it
entered. This change in velocity (momentum) produces a thrust. The
mechanism within the engine produces the change and, by means of a fuel
control, uhe pllot controls the engine,

ENGINE -

: PURE JET ENGINE
A : . FIGURE 0.1

F1gure 0. 2 shows a: typzcal turbo-prop, AirT enters th‘z

;engzne at .
ome energy level and emerges at a higher energy level much like the pure

Some of ‘the energy, praduced by burnlng fuel w1th1n he eng1ne, is
acted .and: used. to drive :
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By-Pass

The by-pass engine configuration can take -several shapes; one of
which is shown by Figure 0.3. -

BY-PASS = 7} __,VEXIT FaN
El- B R
% ENGINE '““‘*‘VEXIT ENGINE
¥ A - ”
' BY-PASS I VbXIT FAN

crEm— -

BY-PASS ENGIN‘E‘
FIGURE 0,3

The by-pass englne (sometimes referred to as-a turbofan) can be Lonszd’red
a ducted turbo-prop. The -engine once again :mcreases ‘the veIoc:Lty 6F the
main air stream and also drives a "fan' whi { v of
the by-pass aifr. Once agaln the pzlot has~
the velocity increases, -

This appllcatlon however, w111 noti_

The baSIQ analyszs w111 assumefag
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standing of basic thermodynamics is assumed. The equations to be utilized
from this discipline are listed in Appendix AI along with the assumptions.
Reference to these equations will be made from time to time,

transients will be considered and discussed where appropriate., An under- ]

_—

r

Section I will concern itself with the jet engine thermodynamic
cycle, From this analysis will emerge a glimpse as to how a design
engineer looks at the engine, Part of this section will be devoted to
component efficiencies which will then permit a comparison of the ideal
process to an actual cycle, based on arbitarily chosen component efficien- : i

cies. Ideal, as used in this text, permits variable specific heats with
no losses,

Following the cycle analysis, will be a detailed discussion on the
design of inlets, compressors, combustors, turbines and nozzles. The
main concern of Section II is to show that each component has an optimum
operating condition or design point, and that, in order tc mdintain ade-
quate operation throughout its operating range, the engine may require ]
special devices such as variable geometry or pressure bleed valves. It
is not intended for this section to be design oriented but rather a pre-
sentation of the basic design philosophy so that, for example, the use
of a compressor with bleed valves or .a nozzle that converges then diverges
become logical conséquences.

i e

Following in Section III, all the components will be combined to
produce a matched engine. This is probably the single most important
concept to understand, because it is here that the mysticism of the jet
engine is eliminated. After this procedure, the subject of engine con-
trol will be discussed along with performance calculations.

™
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To summarize then, the main purpose of this manual is to present,
to test pilots, the operation of the components of a turbojet engine such
that the combined operation is logical and easily arnalyzed. The thermo-
dynami¢ cycle analysis is presented only to show the effects of the main
design variables, 3
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SECTION 1

CYCLE ANALYSIS

1.1  IDEAL ENGINE CYCLE ANALYSIS

The purpose of this section is to present the ideal thermodynamic
cycle of a pure turbojet engine. From this analysis will come the main
variables which affect the engine performance. It will be seén that
these are the design variables for the basic jet engine.

All of the equations that will be utilized have been presented in
the Thermodynamics course. To understand the operation of a turbojet
engine, it is imperative that the basic equations are thorougnly under-
stood since the jet engine operating equations are merely an orderly
combination of the basics.

Figure 1.1 shows the engine station terminolégy that will be used
t@roughout this text. It is the designation notmally utilized for a
single spool (single compressor-single turbine) turbojet engine. Using
this Figure and the equations derived in Thermodynamics, Table 1.1 can
be formulated. This table lists the functions of each -engine component
aIQng with the thérmodynamic equation representing each éomﬁoneni. From
this table, the jet engine cycle is graphically constructed and is shown
by the h-s plots for non-afterburning (Figure 1.2a) and afterburning
(Figure 1.2b) engines. R

INET | _COMMRESSOR(Si | . _ COMBUSTION . . | TulewE [. -Tai
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NOTE: :
THE STATION NUMBERS SHOWN ARE THOSE GENERALLY GVEN FOR A SINGLE SPOOL TURBOVET

ENGINE STATION D:iSIGNATIONS
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| S TAME 1.2 :
IDEAL TURBO JET COMPONENT PROCESSES AND EQUATIONS 4
: P!
b {

STATION ; 10EAL
NBER . NNE punpost

0.1 AERODYNAMIC ACCEL. OR DECEL. AIR 70 ISENTROPIC = s
INLET YE(QCITY AT INLET FACE - NO WORK v e

¥

1 INLET PACE

-
LE
o
s

12 GEQHETRIC ACCEL. OR-DECEL. AIR TO ISENTAOPIC vt
INLET VELOCITY AT COMPRESSOR FACE N0 WORK v

INCREASE THE TOTAL PRESSURE ISENTROPZC
1 7 7 oRTHE FLOM WITH WORK

o e - N R S X 4
3 | CMBUSTRFACE | _ e

4 TURBINE INLET ] o -

) EXTRICT WORK 70 DRIVE THE ISENTROPIC L -
4= TURBINE COMPRESEOR {2) NITH WORK vz A
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(1) REFER TO APPENDIX Al-1
(2} 1IN AN ACTUAL ENGINE THE T!RBIR’E ALSG MET HWE mssmxes. -
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CYCLE THERMAL EFFICIENCY

The non-afterburning thermal efficiency of the ideal jet engine
cycle is defined as follows:

ENERGY IN - ENERGY OUT

T ENERGY IN
From Figure 1.2a:
h h. . . .
. (T, - "T3) - (hyy - hy) 1 fyg - 9g (1.1
H = 3 = - _ - * j

I1f Cp is assumed constant (perfect gas) to illustrate prime variables:

T,n - T, ‘
15 g " <
Eﬁi =1 - '—r-.——s—?— (ref. Al-2j
Ty - Ty

Factoring out T, and ’i‘.-f yields:

=

!

- 1 f‘r {T*'f (1.2}
3 t 'y ]
T’fg

The process from freestream to the entrance tc the combustor is isentropic
as is ‘the process from the turbine inlet to the noz:le exit. Thus, the
follewing can be written: -

-1 i
Y . -
Pr. Tr, e
‘0 0 T
But ?T;; z PT3 .and P3§ = ?g for the =
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Substituting into (1.2):

=] - e = 1 - 1 R -

T T, T ay=1
Ta/ 0 (PT /POJ_Y_
3

) For a perfect gas (Cp = constant), the ideal thermal efficiency is solely
1 a function of the cycle pressure ration, pTa/’ Py. Now the cycle pres- .
| sure ratio can be written as:

Ty

T T PN

Where: P //PT is the compressor ratio,
3 2

I o S b

i Py //PT is the total p essure ratio across the
: 2 ¢ inlet (unity for the ideal cycle),

o nen

o

; PT // P is uniquely a function of the Mach
0 number (Al-4).

Therefore, (1.3) can be writtsn as: 1

1 - ?

n'TH - 1 - Y-_l - (1|4) %

P. P.\7Y ‘

I ?-

P P i

| T, 0 :

The significance of this equation is that,.the thermal efficiency is now
shown to be a function of two des1gn variables, compresser pressure.
ratio and Mach number. The efficiency increases with an increase in
either parameter. Figure 1.3 shows:this variation for two :altitudes
s and two Mach numbers. These plots were computed using - (1. 1) which

E . accounts_for the variation in:C; with temperature (no -adjustment was

made “for “the variation of Cy with fuel air ratlos) The “calculation
was performed on a digital cemputer,;u51ng the outline in Appendix: 2. ;
Because (1.1) was used to compute Figuré 1.3, turblne inlet temperature - |
(TT4) had to be specified to cempute enthalpy" Tarbine-inlet teﬁperature, -
like compressor pressure ratio, is a design variable. It is seeh that i
the thermal efficiency decreases slightly with increasing turblne inlet . .
temperature. Table 1,2 summarizes the Flgure. = ; . S
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TABLE 1.2
SUMMARY OF FIGURE 1.3
Variable (1) 7 nTH
e Fr, / P, INC
inc Tt DEC (Slightly) (2
u ¢ ghtly)
INC M INC
INC ALTITUDE (DEC T,) INC (Slightly) (@)

Notes: (1) All other variables constant.
(2) This effect is due only to the effect of Cp being a function
of temperature.

It is seen on Figure 1.3 that the equdation for thermul efficiency is:

hy h ‘
- (Tg - th) - ( TZ - hO} 1.5
My Ry _ hp (1.5)

i 3 .

This equation is identical to (1.1) since:
L

hTa S hTt; - hTs = h’i'u - Mg,

Substituting this into (1.1) and rearzapgiﬁg yields (1.5). The signifi-
cance of (1,5) is that ("Tg - h10) is the kinetic energy of the exiting
gasses (VIGZ/ZgJ) and (hT, ~ h o) is the kinetic energy of the approaching
air (Vg /2gJ). Thus the thermal efflclency is a measuré how the heat energy
is transformed into a change in the *kinetic energy of the air.

The afterburning cycle will berresented in-Section 1.3,

=

NET THRUST'PER UNIT HASS’FLOW

The ideal net thrust of a turbc;et englne is gzven by.

H W - .- - - I
Fy = '- (Vw - Vg) ’ '

/ =V -V . (1.6)

L4

(A1-5)

1.10
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(Vloz - Voz) h
h.
723 =T - hlo} - [ Ty - ho)

and th = hTS (Non A/B),
hTz = th and
o) ) o
. Then wz(};,{._h)_(}!?_h\
gJ 4 10 3 %
or VIO - d[2¢7] r[hTu _ hlo] - (hTB - ho)

Substituting this into (1.6) yields:

F

1f Cp = constant and TTq and 'I‘0 are factored out,

Ll
But T /p_ \ 7
T, [T,
T-l-; = vi,—l-; (Isentropic)
\ "/
o\
TT3 PT; Y
T =5 (Isentropic)
0 0
- \ /
and P, _P :
= T, = T:, (ideal process)
- 3 Py ¥ Pig (ideal process)
ii Substituting these into the above yields:

=

A

] (, i/2
N/-g—2 = {{ZgJ] [:‘Tu - hw) - [h'r3 - ho)] + ng} -V, (1.8)

. T,
W T st

a _ T 10 i 3 A V2

FN/-g—- =< 1283 Cp) Tu(zs?;)-ToL-T-o-- ) £V -V,

4

1,11

WA i Y v
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(see page 1.3)

It is seen, therefore, that the net thrust per unit mass flow is a
function of turbine inlet temperature, altftude (through Tp), compressor
pressure ratio and Mach number (through PTy/Pg and Vg). All of the above
parameters are those which would be at the control of the design engincer.
Figure 1.4 shows the variation of net thrust per unit mass flow for each
of the control variables. Consistent with the way the thermal efficiency
was presented (variable C;), (1.8) was utilized for the calculation
(Appendix 2). Table 1.3 summarizes the effects:

TABLE 1.3

SUMMARY OF FIGURE 1.4

r/ 2
Variable Ve
we Pr, /1 OPTIMUM
3 2
wc 1, INC
ING M DEC
INC ALTITUDE (DEC T,) INC

To fully appreciate the results, it must be understood that the variations
tabulated above are valid only with all other variables held constant.
Thus, the increase in FN/w with altitude does not mean an increase in

net thrust., The net thrust actually decreases with increasing altitude
because the airflow through the engine decreases,

A particular variable of interest is Mach number; the decrease in
FN/gﬂ with increasing My, is primarily due to the increase in V; which
is _the ram drag per unit mass flow. If this term is deducted from the
Fnlgﬁ, the gross thrust per unit mass flow would result. This term will
increase with increasing Mach number.
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THRUST SPECIFIC FUEL CONSUWMPTION ~ TSFC (or SFC)

The fuel consumption of an engine is usually given in terms of the
amount of fuel required to produce a given amount of thrust. It is the i
key parameter for comparing engines. For example, a specific flight i
condition for any given aircraft produces a drag which the engine(s) :
must overcome., If at the same flight conditions, engine "A" has better 1
SFC (lower) than engine "B", it will give better range, or require less
fuel than engine "B", since both engines must develop tne same thrust.

Thrust specific fuel consumption is defined as:

e e

W
. f LBS/HR
- TSEC = R, I8

(1.10)

To expand this (refer to Table 1.1 and Figure 1.2a)

h h BTU

Ty = T3 7 87 5 asy

) - B
£ " SEC

Thus W
AQ = (th - hrs} W, (1 " Wi]

a

4Q = bq (Wa + W

PR IR Y PV RO = VS

MNOW W £
ol .02 for most jet engines.
a

Taus AQ = [th _ hT3) W, (1.11)

The heating value (H.V.) of the fuel is the amount of thermal energy 4
released per pound of fuel consumed. Therefore: ‘

P PR U MO

o (s ). BTU
AQ—H.V.(Wf) L

Equating this to (1.11):

(h'rl, - hTa] W = H.v.{wf)

I ‘M“hun “
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Dividing the right-hand side of (1.10) by Wa/g yields:

a

or (h h )
T, - T, g
4 3
TSFC = - x 3600 (1.13)
.V, FN/ w.7g)
if Cp = constant
T
C (T - T—)
4 3) 8 3600

TSFC =

HY.Fy /(W76 (1.14)

From (1.14), it is seen that TSFC is a function of the same variables
as FN‘/’(Wa/g) since the total compressor discharge temperature is
established by compressor pressure ratio, altitude, and Mach number,
The effects of these variables on TSFC, shown in Figure 1.5, were cal-
culated from (1.13) which assumes a variable Cp (Appendix 2).

Figure 1.5 appears to be an inverse of thermal efficiency (Figure
1.3). Upon examination of the equations, the reason for this inverse
similarity becomes apparent, The numerator of (1.13) is identical to
the denominator of (1.5) and the denominator of (1.13) is a function
of the quantity (Vie - Vo) while the numerator of {1.5) is a function
of (Vip% - Vp2). This similarity is also evident in comparing Table
1.2 with Table 1.4 below.

TABLE 1.4
SUMMARY OF FIGURE 1.5
variable TSEC
wc Pr, /1, DEC
e 1, INC
INC M INC (SLIGHTLY)*
INC ALTITUDE (DEC To) DEC (SLIGHTLY)

*This effect is not the inverse of Ve due to the difference in
(VIO - Vo) ternms, :

1.17
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Comparing Figure 1.4 with Figure 1.5 shows that increasing thrust
by increasing turbine inlet temperture increases the TSFC (lower effi-
ciency). Further, the optimum compressor pressure ratio for maximum
thrust is lower than the optimum for TSFC. The point to be made is
that the selection of an operating point is a compromise., In fact, each
design point of every engine component is a compromise within itself.
This sometimes produces problems which must be overcome. Section 2
will discuss off design operation in detail.

Digressing to Figure 1.3, it is seen that the thermal efficiency
curve for a turbine inlet temperature of 1000°R terminates at some
pressure ratio. Looking at Figure 1.4, the terminal pressure ratio
corresponds to a net thrust of zero. A check of the cycle on an h-s
diagram will show that the compressor discharge temperature is 1000°R
and fuel flow is zero. Thus the valuc of nyy shown on Figure 1.3 is
the limiting case as both numerator and denominator approach zero. A
ficticious efficiency could be computed_above this pressure ratio but
the thrust would be negative and 'T; > TTq.

There is onme remaining observation worthy of recognition. Looking
at Figure 1.4 (a § b}, the optimum compressor pressure ratio (turbine
inlet temperature constant) for maximum thrust decreases for increasing
Mach number. The limiting case is pTg// pTz = 1.0. This engine is called
a ram jet.

Further ideal cycle analysis is not warranted to satisfy the purpose
of this manual. Additional detailed discussion on these and cther ef-

ficiencies can be chbtzined from numerous references to which the reader
is referred.
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1.2 COMPONENT EFFICIENCIES

The cycle analysis presented in Section 1.1 was predicated on ideal
component performance; that is, no losses, This does not mean the cycle
is 100% efficient as shown by the thermal efficiency (Figure 1.3).

Rather, given a set of operating conditions, the maximum or best an en-
gine can perform is shown by the figurcs of the preceding section. The
actual jet engine cycle will yield a performance level somewhat worse

than the ideal depending on the magnitude of the losses of each compo-
nent, The purpose of this Section will be to define each of the compo-
nent efficiencies. The effect on the engine cycle will then be presented,

INLET EFFICIENCY

The process from free stream to the face of the compressor is
ideally isentropic, If there exists friction or a shock(s), there will
be a decrease in total pressure. The total temperature, which repre-
sents the total energy of the flow, will remain constant; data from
actual tests shcw that TT, equals TTO. The inlet efficiency, therefore,
is a means of measuring the loss in total pressure. The definition is:

P, P
n, = & & (1.15)
- —-—r = e o
d PT2 PTO

The ratio PTZ// PTO is termed recovery; that is, the total pressure
recovered from freestream. Figure 1,6 shows the process schematically,
For subsonic inlets, there is no shock system and PT, equals PTO.

¥

’
74z P1, / P1o PTo™ PT2
— PT‘
hy = hy = PT.
=, 1, M =hty 2
! 'z“‘"f"——“'
a
3 Vo?
0:-:- 29J Po
Zz
“ L
hg4— 4— ~——

ENTROPY~ 8

INLET EFFICIENCY
FIGURE 1.6
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The isentropic total pressure, PT,, is given by:

- Y1 4 2) 71 £a1_an
Pr, = Po [1 *7 M ) (A1-4)

Using the definition of inlet recovery (1.15)

= Y1, 2] Y-1
PT2 =y Py (1 + == H, )

Figure 1.7 shows the effect on an h-s diagram of an inlet recovery of
0.98 and a free stream Mach number of 0.8 at two altitudes. It is
readily seen (refzsr to Figure 1,2) that any loss in inlet efficiency
will be reflected in a loss in net thrust. It is, therefore, mandatory
to flight test an aircraft to evaluate the magnitude of this loss in
total pressure. These tests are not simply conducted by installing a
single pressure probe at the compressor face; rather, a rake is in-
stalled to determine the gradient across the face. A typical installa-
tion would look like that shown on Figure 1.8, The total probes are
usually installed on several radial arms which are evenly spaced around
the compressor face. The spacing of the probes on the arms is such
that they are area weighted; this means that the individual probes are
located in the center of equal area sectors (see Figure 1.8).

SECTOR B

SECTOR "A'" = SECTOR "B"

CCMPRESSOR FACE PRESSURE INSTRUMENTATION

FIGURE 1.8
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Suitable instrumentation is installed to measure all probes for
any flight/power condition.

For each flight/power condition, the arithmetic average of the
readings of all probes is the average total pressure at the face of the
compressor. This value, ratioed to free stream total pressure, is the
recovery.

Steady state data are obtained covering all normsliy expected flight/
power combinations throughout the aircraft envelope. The effect of
sideslip and angle of attack is also determined by flying steady state
conditions at various sideslip angles and angles of attack. The latter
can be obtained by performing wind up turns at constant Mach number,

Presentation of the data is generally in the form shown on Figure
1.9a § b. Figure 1,9a is generally the working curve, In Section 3.1,
the corrected airflow will be shown 1o be a function of corrected engine
speed N/VBT, , an easily measured parameter. Knowing N/ /0T, and free
stream Mach number, the recovery can be determined from a curve similar
to Figure 1,9a,

The physical feeling for recovery variation is more easily seen
from Figure 1.9b. The mass flow ratio (MFR) is defined as the mass flow
entering the inlet divided by the mass flow that could go into the inlet
at free stream Mach number. Thus:

Po AL Vo Py AL Vo A

It is seen that the MFR definition simplifies to the ratio Ag/A;. The

physical interpretation is that the area Ay (not mechanically bounded)

is that free stream area required to pass the airflow entering the in-

let at a Mach number My, and A; is the inlet area which passes the same
airflow at a Mach number M;. The mass flow ratio is easily calculated

from Figure 1.9a by the following procedure:

1. Select MO'

Wa /T, P P
2. For each ——— read Tz// ‘To.
T
2

3. Calculate = 2 X 2 (TTz = YTJ

1.26
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MFR = Ap/A; (A} is constant by geometry)
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INLET RECOVERY GENERALIZATION

FIGURE 1.9
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The inlet is operating on design when Ap/A; = 1.0 (see Figure 1.9b).
If the power (N/v®T,) were increased at constant My or My decreased at
constant corrected airflow, Ag/A; would be greater than 1.0 and the in-
let would be prone to flow separation within the inlet due to high local
angle of attack as shown by the insertion on Figure 1.Y9b. Conversely,
if Ag/A; is less than 1.0 (low power or high Mach number), less separa-
tion would exist within the inlet. Thus the decrease in recovery with
increasing MFR at a given Mach number is primarily due to separation.
If MFR is constant, the change in recovery is due primarily to the change
in frictional losses. Thus, Figure 1.9b is a descriptive presentation,
in that it shows the inlet recovery as effected by flow pattern and
friction.

In addition to establishing an average inlet recovery, the total
pressure distortion (gradients) can be determined from the same test
data. If the measurements, taken at a constant radius, were plotted and
distortion existed, the plot would look something like that shown on
Figure 1.10.

~i°
N

|
_2 ™ M : | P ave
ST
l | | L | | (CONSTANT
| | | l | | | |  RADIUS)
P e TR TR S N S—
0 45 90 I35 180 225 270 315  36u

PROBE POST™ ON - DEGREES
COHMPRESSOR FACE PRESSURE DISTORTION

FIGURE 1,10

If each radius were plotted, isobaric contours (constant recovery) could
be drawn as shown on Figure 1.11. Localized, low recovery areas can
readily be seen from this map. This presentation is made should distor-
tion be a problem. From these data, a distortion index is coxputed.
This index is stipulated by the engine manufacturer and determined from
numerous tests he conducted on a given engine design. The distortion

index is calculated from test data
vary widely between manufacturers,
be attached to each engine design.
an aircraft, the flight tests -how

- 1.28

and an empirical equation which may

A maximum distortion index value will
I1f, when the engine is installed in
that the inlet does not produce a

distortion index above the ma- m, there should be no distortion problens

i

———ma e




i oo

0
oyl

N sy Nyt

g

i, P g1 0

gy

with engine operation. On the other hand, there would exist a potential
problem if the tests show that the maximum distortion index is exceeded.

It must be emphasized that the index is empirical and the method for

determining it will probably differ from manufacturer to manufacturer.
The prime purpose is to pinpoint, if possible, the direction that modi-
fication work should take if an engine problem associated with an inlet

emerges from development tests.

LOW RECOVERY

|~

o
"l
1l

COMPRESSOR FACE ISOBARICS

FIGURE 1.11

COMPRESSOR EFFICIENCY

The compressor efficiency is defined as the amount of work required
to compress the air isentropically to a given pressure divided by that

required witn losses. Therefore:

We'

n., = — {same P”1‘3/ PTg)
c W

The compressor efficiency is shown graphically on Figure 1.12.
Figure and the equations in Table 1.1:

WC' = hTE' - hT2

1f CP is constant:

W' = Cp [TT3' - T'r,_)

(

M |

CONSTANT P, / Py,

CONSTANT

/5T' = CONSTANT

(1.16)

From this

1.29
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COMPRESSOR EFFICIENCY
FIGURE 1.12

Factoring out TTZ yields:

W' = Cy T fr ' /T ) - 1}
¢ P T, [ Ta// T,
Since the process from Tr, to Tr3' is isentropic

y-1
Pr Y
3
— -1
2 TZ

L
W' = Cp Tp

or substituting into (1.16) and rearranging:

Y-1
C TT pT Y
p ‘2 3
We = - P -1
c Tz
i ]
or We = Cp (PT3 - TT%)

Either (1.17) or (1.18) may be used to compute the work of compression.

Section 2.2 discusses various compressor designs and presents the

(1.17)

(1.18)

variation of compressor efficiency with pressure ratio and airflow.

Figure 1.13 shows the h-s diagram for a compressor with a typical
efficiency of 0.85, operating at a pressure ratio of 10.0 at 30,000 feet
and a Mach number of 0.7. This Figure utilizes the inlet discharge con-

ditions of Figure 1.7.
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COMPRESSOR PERFORMANCE H-S DIAGRAM
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COMBUSTORS

There are two efficiencies associated with losses encountered in
the crmbustion process. Losses in pressure and incomplete combustion
lead to less than ideal operation.

Total Pressure Loss. Ideally, the combustion process should occur at

a constant total pressure. However, due¢ to friction and the combustion
process itself, there is a total pressure loss. The loss is measured
as a percent of the total pressure available. Thus:

=2 2% 100 (1.19)

In the strictest sense ny* is not an efficienc§ but a percent loss.

Incomplete Combustion. In order to raise the compressed air from a
given total temperature to an arbitrary value, a certain amount of fuel
will be required. If complete combustion were possible, the fuel flow

required would be:

W, C _ T
Wt = P [ Ty T3) (1.20)
f - H.V. -

This equation was obtained from (1.12). The combustion efficiency is
defined as the ratio of the ideal fuel flow required to raise the tem-
perature of the air a certain amount, to that fuei flow required with
incomplete combustion. Using this definition, the actual fuel flow is:

& (7 - )
W = — v, (1.21)

In order to graphically depict this, consider the result of varying the
efficiency keeping fuel flow constant. 1f, for constant fuei flow, ny
were increased to 100% (complete combustion), the sole effect would be
a higher turbine inlet temperature. This leads then to an alternate

definition of n,:

Tq - T3
N B {1.22)
T, - T

»

where TT,' is the combustor discharge temperature witi complete combustion
holding fuel flow and compressor discharge temperature constant.

Figure 1.14 shows the h-s diagram for both combustor efficiencies.
End state points are shown for various combinations of efficiencies.
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FIGURE 1.14

It is important to note that there is no mathematical relationship be-
tween np and np*; generally, however, if np* decreases, so does np.
Section 2.3 discusses several combustor designs.

Figure 1.15 continues Figure 1.13 for combustor performance. On
this Figure np* = 5% and np = 0.90.
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TURBINE EFFICIENCY

The turbine efficiency is defined in a manner similar to tie com-
pressor efficiency. Given a total pressure ratin, the turbine efficiency

is the ratio of the work actually produced to the isentropic work., In
equation form:

N ¥ ey (1.23)

From Table 1.1, or Figure 1.16

W

M= —# Pf‘
s Mt
4 | \\tr
h w o Pre
e
1
W by /é/

ENTROPY ~v 8

TURBINE EFFICIENCY

FIGURE 1.1€

For constant Cp,

T T, ! : T.'" /T )
WT'=CP(T:+-T5)=CP'ITI+[1-(T5/ Tq}
The process from TTQ to TTS' is isentropic, therefore:
X1
P P
Wpt = C, Ty [1-(1"5/-'&,) Y]

Substituting into (1.23) and rearranging yields:
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. p. /P, )7 \
My s n G Ly [1 ( ;b/ ,“] ] (i.24)

or Wy - G ("r,, . "r.J (1.25)

Either (1.24)} or (1.25) con be utilized to compute turbinc work.

Combining (1.25) and (1.1s) for no accessory loads yiclds:

T, _ T. (T, T,
or £, = T, + [ ry - lz) (1.26)

Now ITZ, TT3 and l'l‘5 are casily measured. Thus, the turbine inlet tem-
perature can be computed. Engines which display turbine inlet tempcra-
ture in the cockpit usually hive a computer which calculates Ity using
an equation similar to (1.20). The actual cquation, however, would uti-
lize a variable Cp. Any loads driven by the turbine would obviously
have to be accounted for in the computer. Typical loads on a jet engine
are about 1% the compressor load. It should be recalled that one of the
most important assumptions on which equation (1.20) is based is steady
flow.

Figure 1.17 shows, on an h-s diagram, a turbine efficiency of 0.30

at sea level and 30,000 feet and a Mach number 0.7 based on the turbine
inlet conditions from Figure 1.15.
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NOZZLE EFFICIENCY

The performance of the nozzle is defined such that it is a measure
of how efficiently the nozzle accelerates (expands) the ga.ses prior to
discharge. By definition, the nozzle efficiency is:

) vwz/ 2gJ
ﬂn = \ (1.27)
(VIO'/Z// 2gd

Vio' is the isentropic velocity (see Figure 1.18) and is the maximum
velocity that cuan be produced by the nozzle,

Simplifying (1.27):

Ny = (vw)z/(vm')z

ox Vio = vty (V3072
1f /. = (CV) (the velocity coefficient), then
V10 = (CV) Vlo' (1.28)
&
4
:
E
»
-

ENTROPY ~ &
NOZZLE EFFICIENCY
FIGURE 1.18
From Figure 1.18, it can be seen that the efficiency is an indication
of the loss in total pressure from the entrance of the nozzle to the

discharge. If a nozzle is properly designed, the exit static pressure
will be the same as free stream static., 1t will be shown in Section
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2.5 that for most "off design' operations P, does not equal Py. The
nozzle efficiency, however, is still defired as in (1.27). If the gasses
are not completely expanded by a given =nczzle, the efficiency is the
measure of how that nozzle expands the flow to the actual P, even though
a better nozzle design could accelerate it further.

If it is assumed that the exhaust gasses are completely expanded
in the nozzle, the momentum thrust per unit mass flow is given by (1.6):

FN/(Wa/g) =V, - Y, (1.6)

The isentropic velocity is

Vip' = V28I (th - hyeY)

If C_ is constant and Ty is factored out:

P
Vo' = f289 €, I, [1 -(va/ TTg)]

Since the process from TT9 to Typ! is isentropic

Y11
Vio' = [2g3 Cp 'rTg [1 - (Pw/ PTg] ¥ }

With complete expansion, Pjgy equals Pg. Substituting tnis in the above
and combining with (1.28) and (1.6) yields:

FN/(Wa/g) = (CV)/ZgJ Cp Tr, [1 - (pw/ pTg) 1;?1'4 -V,

(1.29)

This is the equation for net thrust per unit mass flow for a completely
expanded nozzle. Equation (1.29) will be discussed and further expanded
in Section 2.5 in order to apply it practically.

Figure 1.19 shows a non-isentropic complete expansion of a nozzle

with an efficiency of 0.98 for two altitudes. Tne nozzle inlet condi-
tions are given by Figure 1.17,

1.39
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1.3 ACTUAL JET E..GINE THERMODYNAMIC CYCLE

Section 1.2 has defined the efficiencies of all the components com-
prising the jet engine. The ideal non-afterburning cycle, as discussed
in Section 1.1, is typified graohically by Figure 1.2a. 1f each compo-
nent has a performance loss, the :ycle will change somewhat in character.
Combining Figures 1.7, 1.13, 1.1., 1.17, and 1.19, produces the h-s dia-
gram of a typical actual jet engine cycle. This is shown on Figure 1.20.

Similar to the analysis presentea in Section 1.1, all of the design
variables (Mach number, altitude, compressor pressure ratio and turbine
inlet temperature) can be varied to produce curves not unlike those of
Figures 1.3, 1.4, and 1.5. To demonstrate the effects of component per-
formance losses, the thermal efficiency, net thrust per unit mass flow,
and specific fuel consumption were computed, for an altitude of 30,000
feet, a Mach number of 0.75 and typical component efficiencies, using
a digital computer program. The significant effects are noted below.

THERMAL EFFICIENCY

Compare Figure 1.21 with Figure 1.3c. It is recalled from the dis-
cussion on the ideal cycle, that the variation of thermal efficiency
with turbine inlet temperature is due to the effect of variable C,; as
Tr, increased, nty decreased (slightly). The actual cycle efficiency,
for the same TT,, is seen to be less than that of the ideal cycle. For
low values of TT,, the difference is greater than at higher values, re-
sulting in an increase in efficiency with increasing TT,. This effect
is attributed to the fact that as TT, increases, the magnitude of the
inputs used to compute nyH increases with the effects of the ccmponent
performance losses getting proportionately smaller.

NET THRUST PER UNIT “ASS FLOW

The only significant effects of component losses on net thrust is
that the magnitude has decreased for the same turbine inlet temperature,
and that the pressure ratio for optimum thrust has also decreased. These
results can be seen by comparing Figure 1.22 with Figure 1l.4c,

THRUST SPECIFIC FUEL CONSUMPTION

Due to the close correlation of specific fuel consumption with
thermal efficiency as discussed in Section 1,1, a rather marked increase
in TSFC (as a result of component efficiencies) results at low turbine
inlet temperatures, as shown on Figure 1,23, in contrast to the higher
temperatures. This Figure should be compared to Figure 1.5c for the
ideal cycle.

The basic effects of component performance losses on the jet engine
thermodynamic cycle have been presented. Further understanding and appre-
ciation required detailed analysis of the cycle. This study is beyond
the scope of this text.
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H-S DIAGRAM

ACTUAL TURBO JET ENGINE CYCLE
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1.4  AFTERBURNER CYCLE

burner is added. The afterburner process is identical tc that of the
combustor process in the engine. Figure 1.2b shows a typical ideal
afterburning jet engine cycle. A comparison with Figure 1,23 reveals
the only difference to bé an incrcase in total temperature entering the

nozzle.

: Little change is made to the basic jet engine cycle when the after- 4

Results similar to the basic jet engine cycle would be obtained by ‘
comparing the ideal to the actual afterburning cycle; thus, the brief
’ discuszion presented here will be ilimited to the changes in thermal ef-
ficiency, thrust, and fuel consumption as a tesul” of adding an after- i

burner.

The calculation procedure, accounting for the variation in C, with i
temperature and component performance losses, is detailed in Appendix
A-2. Using this method, the aforementioned parameters were calculated, 1
and are presented on Figures 1.24 througn 1.26, for an altitude of 30,000
feet, Mach number of 0.75, a constant turbine inlet temperature of {
2000°R and two arbitrarily chosen nozzle inlet temperatures. For com-
parison, the non-afterburning condition is also shown; this is the same
as the 2000°R turbine inlet temperature curve on Figures 1.21, 1.22, and
1.23, respectively.

e

As expected, the thermal efficiency and specific fuel consumption
deteriorated, while thrust increased with increasing afterburner power.
It must be emphasized that all other variables are held constant for

comparison.
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COMPONENT

2.1 INLETS

SECTION 2

PERFORMANCE

The purpose of the inlet is to deliver the required amount of air
to the engine with a minimum loss in total pressure (minimum entropy
increasc), minimum pressure distortion, and minimum pressure oscilla-
tions, Scction 1.2 briefly described some of the test techniques and

data presentation that are utilized to analyze inlet losses.
tion will scrve to show, basically, how an inlet is designed to provide
the correct airflow with minimum total pressure 1oss.

The design criteria for an inlet arc primarily predicated on free
An inlet can be designed rather

stream Mach number and engine airfiow.

casily to operate for a unique set of conditions,
fying combinations of Hach number and airflow for other than design con-
ditions can result in low recovery, scparation, added drag, or various

Ihiis sec-

Simultaneously -atis-

combinations of these., Uetailed discussion will be given concerning

these off design conditions. The basic cquation to be utilized for in-

let analysis is given below.

dA M7 -1 di

- - A \:
N (1 + le :\li‘] [\ ]

or in integrated form:

A 5 1+ X2l y 2
Ay fy 1+ l%l M 2

The x and y refer to any two sections in a duct provided that the f{low

is isentropic.

The inlet is required to supply air to thc enginc at some sach num-
ber (Meng or My) with acceptable levels of efficiency.
be decelerated {or accelcrated) from the free stream conditions at the
free stream :lach number. The inlet can satisfy this ideally by a dis-
charge arca (A,) related to Mg and M, by equation (2.1).
of My is directly a function of corrected airflow, Wy vOT,/6T, and flow

y+

—

-

1
1

(2.9)

(2.1)

This air must

The magnitude

area. It will be shown in Section 3 that the engine cycle operates
on corrected airflow (W _v01,/8T,) and_that this term is uniquely re-

lated to corrected engine speed (N//@fé).

The design of the inlet

will, therefore, be based primarily on“power setting (N/v®T,), which
dictates the engine Mach number for a constant inlet/discharge area,

and the free steam Mach number.
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SUBSONIC INLET DESIGNS

Static Operation (Mg = 0)

From equation (2.1) for Mg = O and any finite value of M;:

To avoid separation, a bellmouth inlet is designed such that A} is as
large as possible, as shown on Figure 2.1. The radius of curvaturc of
the contours is also "large" so as to avoid flow separation., This type
of inlet is utilized to provide ideal flow to an engine during calibra-
tion tests, Pressure recovery (PTZ/pTo) is usually unity with negligible,
if any, distortion due to the inlet,

>z
"".F’
8

£e

Q
)
(o]

|

®©M=0

INLET DESIGNED FOR STATIC OPZRATION
FIGURE 2.1

Suosonic Operation (0 <M < 1,0) - On Design

For subsequent examples, the engine design Mach number M, will be
arbitrarily selected as 0.3. This is representative of current engine
designs.
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If an inlet were designed for Mg = +i,, there would be no requirement
for A; to be different from A, and a straignt inlet would result. Most
of the time, however, a subsonic inlet will be operating with 4, greater
than Mp. This will require an area Ag less than A, as dictated by equa-
tion (2.1). If a design free stream Mach number of 0.8 were selected,
the inlet would look like tnat snown in Figure 2,2.

©) —  enGINE —g% =82 =) g6

M, =08 Mp=03

SUBSONIC INLET OPERATING ON DESIGN
FIGURE 2.2

For the given design conditions, Ap = A; and A,/A) = 1.961. This value
was computed from (2.1) with v = 1.4, 1t is recalled from Section 1.2
that when Ay = A; the mass flow ratio is unity.

Once the area ratio of a subsonic inlet is determined for a speci-
fic condition, the contours are generally fixed and there will exist
numerous flight/engine conditions during which the inlet is operating
"off design". There will be many flight/engine conditions (e.g.,

Mg = 0.2, .1y = 0.43) for which the inlet is on design (Ayj/A; = 1.0).
It is the "off design' condition (Ap/A; # 1.0) which is of interest now.

Subsonic Operation (0 < My < 1.0) - Off Design

Once the inlet contour is fixed, as in Figure 2.2, the engine .ach
number dictates the Mach number that will exist at the entrance to tne
inlet as long as :p is subsonic, If 4, is held constant at the design
“ach number of 0.3, the flow pattern for Mo # .lp = 0,8 will be as
shown in Figure 2.3. An added incremental force will result due to the
curved stream lines ahead of the inlet face. This force is a drag term
(additive drag) if A; is greater than Ay and a "thrust" if A; is less
than Ap. Wnen A; > Ay, the airflow that could have been captured by A
at the free stream Mach number is greater than that whicn is actually
captured and tne difference is "spilled" over.
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Off vesign Operation (My < My design)

era———— —— Az - ]
gl NN — 7: = 1,961
-j ENGINE
—_— .
———==F | -ﬁfg= 2,017 '
-_—\ “‘\__wﬁ-
Ao A Q5~_ 1
M =08 M2 =03 ‘
(a) Off vesign Operation {4y > Mg design) 1
t {~) DRAG
- T
——— sm .
—_— - -
- T 2 = 1961 i
{ ENGINE A 1
— 2 =519
T Ro = |
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{
| 0) |
Ao M; 0.8 M =0.3 <
d
(b) i
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— BLOW IN DOOR

= | |
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; =2 1
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"l | | ‘
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(c) Blow In Door Operation (My < iy design) § X
SUBSONIC INLET OPERATING OFF DESIGN §
FIGURE 2.3 £




In addition to the incremental force present when Ag # Ay, flow
separation is likely to occur either externally when A; >> Ay or inter-
nally when Ag >> A;. The external separation merely adds an additional
3 drag force. Internal separation, however, can result in distortion on
the compressor face as well as low recovery due to the high velocity of
the flow entering the inlet. Distortion, if severe enough, can cause
compressor stall (see Section 2.2). If the inlet design is such that
stall might occur or recovery is unacceptable, auxiliary inlet doors are
] installed near the inlet entrance to effectively increase A; (see Figure
2.3c). These doors may be mechanically actuated, or opened automati-
cally by the static pressure imbalance present if My > My (Ag/A; = 1.0).

Although the preceeding discussion assumed a constant engine sach
number, similar flow patterns will result if My is held on design and
My is permitted to vary. For example, if Mg = My ES and oy < Mp ..
the flow pattern of Figure 2.3a would result. Convérsely the paggérn
of Figure 2.3b would follow if M, > f2pgse It is to be noted that the
discussion of additive drag also applies here.

One interesting development can occur when the engine Mach number
is increased for a constant A,/A;. If M, were increased from 0.3 (see
Figure 2.2), M; would increase. When M, reaches 0.315, M; approaches
unity (critical operation). Further increase in M, will not change M;
but will result in a normal shock wave located within the inlet (super-
critical operation). Even if My = 0 there would be a shock. Figure
2.4 shows a case with M; = 0.4 and ¥y = 0, Under this mode of operation,
the pressure recovery is low due to the large loss in total pressure
across the shock. Additionally, flow distortion may result from the
interaction of the shock with the boundary layer (shock induced separa-
tion). This phenomenon is being explored, however, as a possible means
for noise abatement. It would not be necessary to go very much above
unity in the inlet to induce separation and the recovery would not be
significantly reduced.

\ Meste My =0.61

ENGINE

®
|
|

/ M 21.0 Mp=0.4
SUBSONIC INLET OPERATING SUPERCRITICALLY

FIGURE 2.4
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For all subsonic inlets, i is evident that a coumpromise must be
made when selecting the proper a,/A; so that the inlet can operate
throughout the aircraft envelope without serious probiems.

Although the figures depict sharp inlet lips, all subsonic inlets
have rather blunt, smooth lips. This feature reduces the problem of
flow separation.

SUPERSONIC INLET DESIGNS

Low Supersonic Applications (My < 1.2 to 1.3)

Aircraft designed to fly at maximum Mach numbers of 1.2 to 1.3 may
utilize an inlet design much like the subsonic inlet. If an inlet simi-
lar to that shown in Figure 2.2 is flown supersonically the following
will tesult: With M» = 0.3 and 44 > 1.0, a normal shock will form ahead
of the inlet as shown in Figure 2.5. The shock will be positioned so
as to permit diffusion after the normal shock to the iach number exist-
ing at the inlet lips. If M, is held constant, and My is increased,
the shock will move closer to the inlet until it attaches.

i """ SPILLAGE
1 —

———/

- —— ———

— T . -‘&:2.008
I

Ao A

”. 0.8 "230.3

NORMAL SHOCK INLET - SHOCK DETACHED
FIGURE 2.5

The free stream Mach number at which attachment occurs will be that super-
sonic Mach number which will shock down to a subsonic Mach number of 0.8.
For the given design (A,/A; = 1.961), this value of Mp is 1.275 (see
Figure 2.6). When the shock is attached, the inlet is said to be opera-
ting on design and Ag/A; = 1.0. At this free stream Mach number, there

is no spillage as contrasted to the detached shock case, A further
increase in Mg or an increase in My will cause the shock to be swallowed,
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its location being a functicn of My and M,. No%e¢ that M; will be the
same as free stream Mach as long as the shock is attached or swallowed.

The inlet just described is classified as a normal shock or all
external compression inlet.

Y —
| ______:', A =196
— —_— { ENGINE
Mg=1.275 ~:~——-—1 ?-= 1.0
I. ! 2
Mx=L275 M2=0.3
M,=08

NORMAL SHOCK INLET  SHOCK ATTACHED
FIGURE 2.6

High Supersonic Applications (Mp > 1.3)

It can be seen from Reference (1) that the inlet recovery for a
free stream Mach number of 1.3, exclusive of friction and flow separa-
tion losses, is 0.979. This loss results from the unavoidable loss in
total pressure (entropy increase) across a normal shock. As the frec
stream Mach number increased, the recovery rapidly decreases with an
attendant thrust loss. For aircraft designed to operate above Mach
numbers of approximately 1.3, further design features must be utilized
to minimize this loss.

If a normal shock inlet were designed to operate at a free stream
Mach number of 1.6 and an engine Mach number of 0.4, the ideal recovery
would be 0.8952 (Figure 2.7a). 7f the flow is decelerated first through
an oblique shock, then a normal shock, as shown in Figure 2.7b, the ideal
recovery will be higher (0.975). The recovery is dependent on the number
of oblique shocks and the ramp angle. The recovery is obviously improved
with this design termed a single oblique, external compression inlet.
The duct diverges aft of the inlet lip to continue an ideally isentropic
deceleration to the engine Mach number. On design operation, as shown in
the figure, is characterized by intersection of both normal and oblique
shocks at the inlet lip. Derivatives of this inlet may utilize multiple
oblique shocks which further increase recovery.

2.7
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(a) Normal Shock Inlet - On Design g = 1.6

©
Mo= 1.6

ENGINE

(b) Multiple Shock Iniet - On Design sy = 1.6
EXTERNAL CG4PRESSION INLETS - ON DESIGN
FIGURE 2.7

Operating the inlet shown in Figure 2.7b at "off-design'" conditions
results in problems not unlike those encountered with the normal shock
inlet operating supersonically. If M, were decreased (Mg = Mg design),
M; (Mach number at inlet lip) must also decrease. The normal shock,
however, will no longer be attached since the Mach number after the nor-
mal shock will be above M;, necessitating diffusion to the lower ilach
number, Figure 2.8 shows this situatioca. It is to be noted that the
flow after the oblique shock is siailar in character to that shown on
Figure 2.5,
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MULTIPLE SHOCK INLET - OFF DESIGN
FIGURE 2.8

The problem witi: the inlet operating under these conditions 1is the
attendant spillage and the possibility of distortion and inlet flow un-
steadiness (buzz). This results because a portion of the air entering
the engine has gone through a normal shock from 1.24 and a portion through
a noriial shock from 1.6. This produces a shear layer (distortion) as
shown on Figure 2.8. If the problem is considered severe enough, the
normal shock can be adjusted to the inlet lip by c¢ie or a combination
of several means. If bleed doors are opened downsti=am of the inlet
entrance but prior to the engine, the total airflow through A; will in-
crease until M; corresponds to the subsonic .fach number downstream of
the normal shock. The doors would of course have to be scheduled as
a function of both free stream and engine Mach numbers to maintain ideal
conditions., Pata show that b’eeding air in this manner can more than
offset the effects of a detached normal shock. A second means used to
attach the normal shock is to increase ¥; by decreasing A;, in ordar
to match it to the subsonic Mach number after the normal shock. This
could be performed by increasing the ramp angle, decreasing A; as shown
by the dashed line on Figure 2.9. Caution must be exercised when in-
creasing the ramp angle, for if the angle exceeds the maximuwa permitted
by the free stream Mach number (see Reference 1), the oblique shock will
detach. If this situation results, a second ramp angle may be added
to decrease A;. For Mg = Iy design and iy < #l; design, increasing the
ramp angle causes the sup. ....ic Mach number after the oblique shock
tc decrease. The Mach numb °r at the inlet lip (M;) increases at a faster
rate as a result of the decrease in area (Ay). There is one condition
where the subsonic slach number after the normal shock will equal that
dictated by the engine Mach number. Whea this condition results, the
normal shock will attach, As shown on Figure 2.9, the oblique shock
no longer intersects at the lip, resulting in supersonic spillage and
some drag. The drag increase as a result of spillage is generally less
than the increase in thrust realized from the variable ramp angle.

2.9
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The inlet area could also be decreased by deflecting the external lip

inboard. This would again prevent tae intersection of the oblique
shock on the lip.

Similar geometry changes, in the opposite direction, would pe re-
quired if M, were increased above the design value. This condition,
like that of the subsonic inlet would cause the normal shock to locate
itself inside the inlet. The further the shock moves down the inlet,
the stronger the wave will be and the larger the attendant losses.

T

enone | Mo=Moves
“.z < “z OES
—%

ADJUSTING INLET AREA WITH A VARIABLE RAMP
FIGURE 2.9

Thus far, the only off design operation discussed was that result-
ing from M, # M, design., A free stream Mach number (My) different from
My design will result in an oblique shock which will not intersect the
lip. If My > Mg design, the oblique shock will tend to intersect inside
the inlet iip. Further, the Mach number after the shock will be greater,
causing the normal shock to move downstream and into the inlet. A rather
complicated shock pattern will result upstream of the normal shock. With
Mg < Mg design, both shocks will be outside the inlet and a portion of
the flow will be spilled over the inlet lips. It is most desireable to
relieve this condition by one of the means previously discussed.

It should be clear that any off design operation produces problems.
The ultimate goal would be to have a fully variable inlet so that all
flight/engine conditions are on design. The variable geometry inlets
described above attempt to achieve this goal but caused other problenms.
The process of selecting the optimum variable geometry inlet is rather
detailed to say the least. Obviously each configuration must be weighed,
comparing the gains (increased thrust, reduced drag) to the penalties
(cost, weight, reliability).

There is another type of supersonic inlet worthy of discussion;
this type is the all internal compression inlet. The bkasic theory is

2.10
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that if supersonic flow is decelerated isentropically to a Mach number
of unity by a converging duct, it can then be further decelerated in a
diverging duct to the proper engine Mach number. It will be assumed,
for illustration, that this inlet will be designed to operate at a free
stream Mach number of 1.5 and an engine Mach number of 0.4. Such a
design, as shown in Figure 2,10, will have no shocks and the recovery
will be limited only by viscous effects.

@ Mo=15 _ M =15 _ My =10 M; =04

——— \
é) ARt = 1176 é) Ag /A7 =1.59 (2)

INTERNAL COMPRESSIIN INLET - ON DESIGN

FIGURE 2.10

Assuming fixed contours, the problem with this design is getting
the inlet started. The magnitude of this problem will be demonstrated
by starting with static conditions (Mg = 0) and progressively increasing
the free stream dach number to the design Mach of 1.5.

Static Operation - Mg = 0

For operation with dg = 0 and with My € 0.4, the inlet will have
an M; range from 0 to 0.6 and a corresponding My range of 0 to 1.0.
There will be no shock wave present,

With My = 0, if My > 0.4, M; will remain constant at 0.6 while the
throat Mach number holds at 1.0. 1In this case, a normal shock will be
located at or downstream “rom the tnroat. See Figure 2.1la.

Subsonic and Sonic Operation - My € 1.0

As long as M, 2 0.4, the flow pattern outside the inlet will be
solely dependent on My since My will be unity fixing #: at 0.6. Under
these conditions, with Mg < 0.6, Ag > A; resulting in possible internal
flow separation. When My > 0.6, Ay < A; and there will be flow spillage.
In any case, the normal shock wave will still stand downstream from the
throat.

if My < 0.4, all internal flow will be subsonic and external flow

patterns will be a function of both M; and M;. Figure 2.11b summarizes
subsonic and sonic operation.
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Supersonic Operation - 1.0 < My < 1.5

When the engine is operating below a M, of 0.4 in a supersonic free
stream, a normal shock will be formed ahead of the inlet such that the
subsonic Mach number behind the shock will diffuse to the iach number
at the inlet lips. All internal flow will again be subsonic,

If My 2 0.4, the inlet entrance Mach number is 0.6 and two SioCKs
will be present, one ahead of the inlet and the other between the throat
and the engine, Figure 2.11c shows the inlec operating at the design
condition (Mg = 1.5, My = 0.4). Though the design parameters are sat-
isfied, the flow is not the same as that shown in Figure 2.10. The in-
let is termed "unstarted".

Several techniques available to start the inlet will be discussed
here. The first technique is called overspeeding. If My is increased,
the subsonic Mach number behind +the external shock will decrease. When
this Mach number reaches 0.6 (assuming M, 2 0.4), the shock will attach.
This attachment will occur, for the given design, at dip = 1.83, as shown
in Figure 2.11d. As soon as the shock attaches, any further increase
in Mg will cause the shock to be swallowed and to stand ir the diverging
portion of the duct as shown in Figure 2.1le. Once the inlet is started,
Mo may be reduced to 1.5 and the flow will be like that shown in Figure
2.10. Any disturbance which will make My less than 1.5 or M; less than
0.4 will cause the shock to bé expelled. Because of this possibility,
the normal shock is ordinarily located just downstream from the throat,
providing a range of free stream Mach numbers at which to operate. A
slight decrease in recovery will result, but operation will be stable
down to some minimum Mg. Although this starting technique is quite
adequate for a wind tunnel, it is not used in aircraft for obvious rea-
sons.

An alternate scheme, useable in aircraft applications, for starting
the inlet utilizes variable geometry. Referring to Figure 2.llc, the
inlet will start if il is 0.701. To make My = 0,701, Ay/AT must be de-
creased from 1,176 to 1,09 since Mp = 1.0. This may be accomplished by
either decreasing A} or increasinr Ar. Decreasing A; would be the sim-
pler course from an aerodynamic : .nt of view, but mechanization may be
difficult. Alternatively, Ay . Le increased, whereupon both Mr and
M; will decrease with M2 constant. In order to increase Mj, as was de-
sired, My must also.be increased so as to keep My = 1.0 while the throat
area increases. While My could be increased by increasing power, a sim-
gler solution would be the incorporation of bleed doors just upstream
frum the compressor to effectively increase M without necessitating
power changes. The flow through the engine will be the same since the
additional flow admitted is bypassed. When the shock is swallowed, the
bleed doors are closed and Ay decreased to locate the shock in a stable
position, usually just downstream from the throat. In practice, as soon
as the aircraft goes supersonic, the shock is swallowed by means of the
geometry changes described above,
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This, basically, is the operation of a converging-diverging inlet
or internal compression inlet. It has the advantage of having the best
recovery at high supersonic speeds. The main disadvantage is that the
restarting process is comparatively long if the normal shock is expelled.
In addition, these inlets prove to be long and heavy.

There are many other inlet designs which are in use. All supersonic
inlets use one or combinations of the designs discussed here. The basic
design philosophy for all inlets has been presented above.

INLET CONTROLS

It is difficult to present a treatise on inlet controls without get-
ting into a discussion of a particular inlet. Basically, the inlet wiil
work if it i. <ontoured to My and M, with the variable geometry parts
governed by these two basic parameters. In theory, measuring both M
and My is simple; problems arise in that My, being a function of Pr,/p,,
cannot be sensed by a single probe if there is distortion. One probe
will not permit proper inlet operation unless discretely located to
represent the average Mp. Measurement of Mg may appear much less com-
plex. In aircraft where the inlet is away from the fuselage, the free-
stream Mach number is the same Mach number presented to the inlet, -With
fuselage mounted engines, the inlet Mach number is different frorn X due
to shock waves or expansion due to the aircraft. Thus, a total-static
probe must be located at the engine or corrected for these conditions.
in addition to the problem of finding a good average (Pp/Pg) location,
the flow conditions may change as a function of angle of attack or side-
slip. If this is so, the inlet control system must auequately measure
the effect and respond fast enough to alter the geometry.
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2.2  COMPRESSORS

The function of the compressor in a turbojet is t~ increase the
total pressure of the air. This section will describe how a particular
form of energy (work) is mechanically converted into a total pressure
rise, It wculd be of no advantage to include compressor efficiency for
this discussion, thus, an ideal compressor will be assumed. In addition,
all basic concepts will be developed for a single stage compressor (stage
to be defined later). Host turbojet engines utilize multi-stage coin-
pressors, the consequences of which will be discussed in turn. Finally,
a perfect gas will be assumed in which y and C, are constant. Variable
vy and €, would only confuse the derivation to the point where the basic
purpose of the discussion (to show how a compressor works); would be ob-
viated.

The energy equation for a compressor with steady flow and no heat
addition is, from Table 1.1:

W =h, -h (2.2)

Equation 2.2 can be expanded into static conditions with associated
velocities as:

= .2 .2
W, = (hy - hy) + (G2 - €, )/ 2gd

Where: C is the absolute velocity of the air relative to the engine
(not the rotor). .

Since Cp is assimed constant:

W

- 2 _ 2
c Cp (T3 '1‘2) + (C3 C2 )/ 2gJ
or

W

. Ep T, [(T,/T,) - 1] + (c32 - c22) /7 2gJ

The assumption of 100% compressor efficiency permits the use of the
isentropic relations, thus:

Ty [Pa
T2 . P2

Substituting:

=1
Y

Y-1

Y :___: 5 /13
W, = Cp T, [(P,/P) 1] + (c,? - ¢, )/ 2g3  BTU/1b

(2.3a)-
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p p.y =L
e = Cp Ty [( T, / )Y - 1] BTU/1b (2.3b)

Thus, the work that is put into the flow "in some way'" increases the
static pressure (P3/P;) and the kinetic energy (C32 - sz) combining to
increase the total pressure (PT3/PT;). The problem now is to determine
how the work gets into the flow. It will be assumed that the work is
available in the form of a torque acting on a rotating disk as shown in

Figure 2.12a.

dm; dm;
s { Cs
— | ’///,JU'
” [7 2ui _[, 7 Caui
7 1
T ) | 3 X WH
A \ \\ Tq W
\
dm dm
(a) Compressor Rotor
Cz\'"‘"* —_— [
dm
TiMe "t Time "t +df" dm

(b) Side View

{c) Rotor Face

COMPRESSOR ROTOR DISK
FIGURE 2.12
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The torque, supplied through a shaft rotating with an angular velocity,
produces the power. When the power is divided by the airflow, the work
per pound of air is dctermined. With the proper design, the rotor will
impart a change in angular momentum to the enteriug gas. The time rate
of change in angular momentum is the torque. To relate this to a total
pressure increase, the following derivation is presented.

It is assumed that at time "t" a slug of gas with mass dm enters
g g

the rotor disk at a uniform absolute velocity C; as shown in Figure 2.12.

A small particle of that mass, dm;, will have an angular momentum of:

Angular Momentum = dm; r,; C, ..

where ryj is the radius to dmj and Cp,; is the tangential component of
the absolute velocity C,. The total momentum will, therefore, be the
sum of the momentums of all small particles dmj.

dmC, t,= ) dn, 1, C (2.4)

21 T2ui

The radius r, may be visualized as the radius of a ring with mass dm,
having the same angular momentum as the total disk.

A similar argument can be formulated for the angular momentum of
the same slug of gas when it reaches the exit section of the rotor at

time t + dt. Thus, the angular momentum of the mass dm leaving the
rotor is:

dm C, T4 = z_: dn, .. C, . (2.5)

In the time interval dt, the only change in angular momentum, for
steady flow, is the difference between (2.5) and (2.4). The torque,
therefore, is:

dm C3d r, - din CZu T
dt

Tq = 2

or

r,) (2.6)

Tq = (dm/dt) (C3u r, - C2u 2

But the mass flow rate (dm/dt), has been assumed constant and expressed
as Wa/g. .

sa T3) . (2.7

Now the power is the product of the torque and the angular velocity.
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P = (Wa/g) (CBU r, - Czu rz)a)

Noting that the rotor tangential velocity at a radius r is:
us=rw
and substituting:

P = (Wa/g) (C3u u, - C2u uz)

The compressor work per pound of air is simply P/Wa, thus:

C,,u, -C, u
_ 3u 3 2u 2
Wc = 3 BTU/1b (2.8)

The numerator of this expression is termed the ''change in whirl",

The form of (2.8) does not lend itself directly to understanding
how a pressure rise is obtained, since C, is not an easy velocity to
work with.

Figure 2.13 shows the vector relationship of C and u. It should
be recalled that we are considering the angular momentum change of a
ring with uy; and u; the velocity at the radius of the ring.

C = ABSOLUTE VELOCITY VECTOR
OF AIR
T U = ABSOLUTE VELOCITY VEGTOR
OF ROTOR
W = VELOCITY OF AIR RELATIVE
4 YO THE ROTOR

CxWieu

14

COMPRESSOR VELOCITY VECTORS
FIGURE 2.13 .

Applying the law of cosines to the vector diagram of Figure 2.13,

[W]2 = [T}z + [4]? - 2 [u] [C] cos ¥
where W _is the magnitude of w and is equal to w.. This also holds for
|u] and ||, then: :

w2 =C2+uf - 2ucC cos w; 2.9)
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Noting that C cos ¢ is C,, the tangential component of the absolute
velocity vector, we have:

2 - ¢ 2 2 _ .
W, Cz tu, 2 Lzu u2

for the inlet to the rotor and, for the exit:

2 _ ¢ 2 2
w = C + - 2
3 3 T Y Cou Yy

Combining these two equations:

_ 21 2 .2 .2 _ 2 2 2
quls m Cpy Uy =3 L5 - W)+ (€2 - €%+ (U2 - u,9)])

Substituting this expression into (2.8) yields:

We = 2;} [(w 2 _ w32) + (C32 - CZZ) + (u32 _ u22)] (2.10)

Comparing (2.10) with (2.3a) and (2.3b), shows how the pressure increase
is accomplished in a compressor.

Referring to (2.10), the terms (wp? - W32) and (u3 - up?) are re-
ferred to as the "internal® efrect wh11e (C3 - C22) is termed the
"external' effect. (The term (u32 - u,?) is also called the '"centrifugal"
effect,)

The total pressure will increase across a stage if:

1. The absolute velocity increases (C32 - C,2) > 0, and/or

2. The air is d1scharged at a radius greater than that at which
it was admitted (u3z? - uy?) > 0, and/or

3. The relative velocity decreases through the rotor (w,2 - w3?) > 0.

It is seen, by comparing (2.10) with (2.3a), that any static pressure
rise occurring, results from the terms comprising the internul effect.

So far, there has been no mention regarding the physical construc-
tion of the rotor which produces *the vector diagram shown in Figure 2.13.
Air compressors £or turbojet engines are divided into two categories;
the first is termed a centrlfuaal compressor 50 named bercause it utilizes
the centrifugal effect (uz? - up? > 0). Air is admitted to the rotor

‘in an axial direction (parallel to the axis of rotation of the compressor)

and dischargéd from the rotor radially (perpendicular -to the axis of
rotation). In contrast, the axial flow compressor both admits and dis-
charges the air from the rotor in an axial direction. This type of com-
pressor does not Gtilize the centrifugal effect to achieve a pressure
rise, -

2,19
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A comparison is made in Table 2.1 between the centrifugal and axial
flow compressors. .

g, s 0

TABLE 2.1 {

NEN S

COMPARISON OF CENTRIFUGAL AND AXIAL FLOW COMPRESSORS

Centrifugal Axial

t

_J —
Sketch .—-———"'""'———

R — |

Stage

pressure Ratio 3.0 to 4.0 1.05 to 1.15 1
{
Efficiency . 70 to 80% 80 to 85% 1
Multistaging Complex Ducting Simple Ducting y
: Y
. Low - Compared High - Compared ! 1

Airflow to Frontal Area to Frontal Area !
Turboprops Turbojets - "High" Thrust |
Applications Auxiliary Power Units ; P
Turbofans i

"Low'" Thrust Engines

e Surber N

for most contemporary turbojet powered aircraft applications, the axial
flow compressor is utilized. The remainder of the discussion will,
therefore, be devoted to the axial flow compressor. s

B Dottt

* The equation to be applied.for the analysis of the axial flow com-
pressor is:

X

-

: N L
.l re2 2y, (w2_-w23 =C P, /p Yoo
We = g7 [G° - 6,5+ (W° - w0 = Cp Ty [( T3/ Ty) 1

i sy

[

2,20

b

]
«
g1
-3
N
A
PR—
~
w
~.
N'U
| N—J
|-<
<
[
]
—
+
(]
W
[\V]
I
a |
N
N
|
&
[
N
7~
N
.
e
o
~
R it o S
e M

i i ™

i il
gl




U Rt 0 S G

O D 0 e G O e

v, i

Notice that the term (uz? - uz?) is missing, since, for the axial flow
compressor, us = usp,

From Figure 2,13, it is seen that one of the prime variables, con-
trolling the pressure rise, is the angle y hetween vectors C and u. This
angle is controlled by fixed inlet guide vanes (IGV). The function of
the IGV is to direct the absolute velocity vector to the rotor, Some
engine manufacturers choose to slightly accelerate the air through the
IGV; this technique tends to reduce the effects of separation from the
inlet walls. After the IGV, is a row of rotor blades followed by another
set of fixed blades termed stators.

In most axial flow compressors, therc are additional rotors installed
on the same shaft. The rotor's prime functions arc to increase the
kinetic energy of the air (C32 - C,%) and increase the static pressure
(wp2 - w32). The stators serve to direct the flow in the proper direc-
tion to the next rotor stage and increase the static pressure by slowing
down the absolute velocity. A stage in an axial flow compressor is a
rotor-stator combination., A two stage compressor would, for example,
be composed of: IGV, rotor, stator, rotor, stator.

Figure 2.14 shows the pressure variation through a two stage axial
flow compressor. The following should be considered to better understand
the figure:

1. The schematic represents a cut at a constant radius. Another
flow pattern would result at other radii due to the variation
in u with radius.

2. Equation (2.11) is applied at each rotor.

3. There is no change in energy in the stators, merely an exchange
of kinetic energy for static prassure rise.
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It has been shown that the total pressure rise in an axial flow

compressor is the result, in part, of increasing the absolute velocity
across the rotor. The increase is the result of a momentum change, which
rejquires a force in the direction of the change. The force is trans- i
mitted to the gas by the blades of the rotor. It is clear that the mag-
nitude of the force, and therefore the pressure rise, is going to be a :
function of the velocity at which the blade is approached (relative

’ velocity), the angle of attack that the blade makes with this velocity,
and the characteristics of the blade. The sources of angle of attack
variation are shown in Figure 2.15.

T
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BLADE CHORD LINE
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\ o FIGURE 2.15

The energy transfer to the air through a rctor blade is similar to
what occurs with an aircraft wing. The lift on a wing is analogous to
the force produc1ng a momentum change and pressure rise through the rotor
blade. The 1lift is a functioh of angle of attack, which when increased
will cause the llft to reéach a maximum value and then ’c;éage with fur-
ther increases in angle -of attack It would be expec 1, tnerefbre,
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on the angle of attack of the rotor blades. This is indeed the case,

and a plot of pressure ratio as a function of angle of attack is 51m11ar
to that of wing lift coefficient as a function of angle of attack, as
shown ian Figure 2.16.

PT3/ PTz MAX ~ Ci MAX —————= STALL

PTs/PTz ~ C

ANGLE OF ATTACK ~ a
PRESSQRE RA%IO - WING LIFT A&ALOGY
FIGURE 2.16
At angles of attack greater then that for maximum lift coefficient, a

wing is said to be stalled. If a compressor is operateéd- in- a*51m11ar
region, it too is termed stalled SN s

To continue the analogy, the plot of Cy vs a for a wing section
exhibits a decrease in maximum 1ift with incredsing altitude or decreas-
ing Reynolds number. The maximum pressure ratics-available for a given

angle of attack will also be Iess in a- compressor at high altitudes.

The purpose of the analogy of a Compressér with a wing is to make
the compressor performance map become a logical consequence. When a
compressor is designed and built, thé performance is determined. experi-
mentally. The pressure ratio W111 be determined as a functioa of rotor
speed and airflow. Rotor speed and “airflow are directly proportional
to the tangential rotor speed and the absolute velocity vector, respec-

tlvely. By referring to Figure 2.15, it is clear that for a constaat
Y (a f1xed quentlty for f1xed geometry englnes), the angle qf attack on

-stal 1;p01nt on a ‘multisStage* compressor is défined whenéver any one stage
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COMPRESSOR PERFORMANCE TEST RIG

FIGURE 2.17

is stalled even though other =tages may not Lo stalled. The procedure

is continued for other rotor specds and when all the data are obtained,

a performance map is plotted. A typical m=sp is shown on Figure 2.18.

It is seen that the pressure ratio is prersented as a fiinction of corrected
airflow and corrected rotor speed. It <an be shown from (2.3a) and (2.17}
that this form generalizes the data. The effects of decreased Reynold's
number (increased altitude) are shown as the dashed lines. Notice that
at high altitude for a given correctsd airflow and rotor speéed, the stoii
margin (the increment in rotor specd to the stall line at constant air-
flow, or the increment in airflow to the stall line at constant rotor
speed) is reduced.

During the test to define the performance map, sufficient test data
can be obtained to determine the compressor cfficiency. With T3/ T
and TT, (all are measured quantities), the ideal work can be computed
from equation (2.2). The actuzl work per pound of air is computed from
the torque, rotor speed, and airflow, which are also measured. Contours
of constant efficiency can thon be established. Figure 2,18 also shows
these curves. It is seen that there is one point on the compressor map
that produces the highest eificiency. Operatioén i.-re, at the design
point, is most desireable since it contributes to high overall engine
efficiency. This leads to the discussion of "off-design" operation.

when an inlét was designed, there were many more flight/engine con-
ditions producing off-design operation than those: resulting in on design
operation. Since an acceptable inlet design depends, in part, on satis-
factory off-design operation, modification by an inlet control system
for off-design conditions may havé been-required. The compressor is not
unlike the inlet in this respect. Some operating conditions must be
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selected to which the compressor is designed. When this is done, the
consequences of off-design operation must be considered, and geometry
changes programed if deemed necessary.

For a single compressor blade, there will be a unique angle of attack
that wili prove most efficient when producing a pressure rise, Compare
this to a wing producing 1ift; for all angles of attack below stall, the
1ift will increase with increasing angle of attack. There will be an
angle of attack that is most efficient. That angle is at maximum 1lift
to drug ratio, more lift can be generated by increasing angle of attack,
but the drag will increase rapidly. Conversely less lift can be generated
but the drag won't go down as fast. It can be seen, that for optimum
operation at the design point, it is necessary to have the angle of attack
on all blades the same. Since most ~xial flow compressors have multiple
stages, the absolute velocity of the air entering a rear stage should,
therefore, be the same as that entering a forward stage. Tec clarify,
the change in tangential rotor speed from forward stages to rear stages
is negligible, and the angle that the chord linc makes with the plane
of rotation of the blaue is approximately constant, These two require-
ments restrict the absolute velocity to be constant front to rear.

Since the absolute velocity is very close to being uniform, the
variation in tangential rotor speed from hub to tip is Compensated for
by twisting the blade to hold angle of attack constant along the blade.
By restricting the absolute velocity to be constant at the design point,
the flo:' area must decrease from front to rear as show. below (refer to
Figure 2.19).

c C,

D —— —
A Ay
Py P2

AZEA VARIATION IN A MULTISTAGE COMPRESSOR
FIGURE 2.19
The airflow through the compressor is given by:

Wo=p34 C=0p,4A,C, )

or T (2.12)
Ay P2 Gy Pp Vg
Ay Pyl 3 V2
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since C3 = C, at design., v is the specific volume,

For an isentropic process,

=Y
(v3 P3 vy P3 Y
— = P—— or ‘—,—: ——

2

V2

1 L
A P\ Y P\ Y
.K:i = (-132) = l/(P—s] < 1.0 (2013)
2 2) DES 2
From (2.13), the area ratio A3z/A; will be fixed by a pressure ratio
(P3/P3) corresponding to the design compressor pressure ratio (PT3/PT2)DES.

Ideally, a variable area ratio would permit tailoring the engine to off
design operation, however, this is not possible.

The consequences of fixing the area ratio will be considered. From

a mechanical point of view, the engine diameter can be reduced, permitting
installation of the various accessories which would otherwise make the
engine larger in diameter. Also, by shortening the radius on the rear
blades in addition to shortening the blades themselves, the centrifuge..
forces are decreased. This is of prime importance considerirg that the
temperature on the rear blades is higher than that on the front blades.
Thus, it is seen, from a mechanical point of view, that an area ratio
A3/A; less than unity is no major problem; in fact, it may be an asset,

From a thermodynamic viewpoint, operation at an off design condition
is a different situation.

OPERATION WITH ?T3/PT2 GREATER THAN DESIGN PRESSURE RATIO

From equations .(2.12) and (2.13),

a 1
22 /7))
A2 C3 P2 P2 DES

Thus, .
c 1
C2 [ (P3/P3) Y (2.14)
Cs | (P3/Pa) g

If (P3/P3) > (P3/P2)pggs then C2/C3 > 1 and the angle of attack on the
rear stages will be greater than that on the forward stages. Since ‘the
performance map represencs the ne* or sum of the performance of all stages,
the stall line above (PT3/PTy) design will be the result of the rear

stages stalling since ag > ap (Cy > C3).
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The design of the compressor is such that the engine will not
operate so far above the design pressure ratio so as to cause the
engine to stall. It should be remembered that, if an engine does stall
at high power settings, it is the result of rear stage stall,

OPERATION WITH P'I‘3/pT2 LESS THAN DESIGN PRESSURE RATIO

Operation at pressure ratios less than design pressure ratio will
produce a condition in which the angle of attack on the front stages is
greater than that on the rear. In fact, tests show that the rear stages
approach such a low angle of attack that the flow chokes., This condi-
tion will then cause the front stages to stall. If the enginc¢ is to be
operated in this regime scheduled geometry changes will be required.

It will be shown in Section 3, that a turbojet engine, when matched with
all the components, will have a unique operating line which could look
like that shown on Figure 2.20. As long as the engine is operated with
corrected airflow above the intersection of the operating line and the
stall line there would be no serious problem, ilany times operation pe-
low this intersection is required and, in order to maintain engine opera-
tion, the stall line must be adjusted :p or the operating line adjusted
down. Adjusting the operating line will be discussed in Section 3 when
the engine is matcned. The following will deal with altering the stall
line, which will require some means of geometry change,

STALL LINE
@ DESIGN POINT

OPERATING

LIN
REAR STAGE STALL €

FORWARD STAGE STALL

- N/,

CORRECTED AIRFLOW ~ Wa./B, /81,

OFF-DESIGN COMPRESSOR OPERATION
FIGURE 2.20
Bleed Valves

The problem to be alieviated is the high angle of attack on thne
forward stagec. One of the ways to decrease the angle is to increase
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the airflow. This can be accomplished by bleeding some of the air at

a point downstream from the stages at high angles of attack. This will
relieve the choked condition on the rear stages since, if an airflow
passage is choked, the only way the airflow can be varied is to change
the area. Opening bleed valves effectively increases the area. These
valves are placed circumferentially around the compressor case, aft of
the stalled blades but before the choked blades, in such a way to bleed
air uniformly and avoid airflow distortion with resulting unequal blade
loading. The air that is bled off is dumped overboard or utilized for
cooling the nacelle. Bleed valves can be scheduled as a function of
corrected rotor speed N/vOT, such that for decreasing rotor speed, the
valves will program open on a schedule such that they will be fu'ly open
at some lower rotor speed., Another much simpler technique is to have
the valves open below a specified pressure ratio and close above. Either
gethgd usually utilizes the fuel control to schedule by N/VET; or

T3/ Ts.

One of the main disadvantages is that there is a performance loss
since work has been performed on the air that is spilled overboard,

Variable Stators

The bleed valves solve the high angle of attack problem by relieving

the situation that.causes it in the first place, i.e., choked flow in

the rear stages. By utilizing variable stators, the angle of attack on
the rotor blades can be controlled directly to keep the angle below the
stall. Referring to Figure 2.13, the angle ¢ is altered by directing

the C vector, thus changing the vector w. The schedule for the variable
stators is based on corrected rotor speed. Some ~f the main disadvan-
tages are the mechanical complexity involved in linking all the rows of
stators together and the increased air leakage resulting in lower com-
pressor efficiency. )

Twin Compressors

If a single compressor were divided into_two separate compressors
with the rear half designed to operate at a higher angle of attack, by
rotating at a higher speed, the stalled condition on the forward stages
would be relieved. The higher angle of attack on the rear stages in-
creases the passage area, permitting an increase in airflow and iowering
the angle of attack on the forward stages. This solution is considered
the most efficient means of solving the problem Since it does not involve
bleeding (lost energy) or complex variable stators with associated air -
leakage. The prime disadvantage is the greatly increased weight due to
the multiple shafts.,

The geometry changes which must be incorporated to have a compressor
operate over a wide range have, as. expected, -advantages. and disadvantages.
Selection of a given:-solution 'must considet all advantages and disadvan-
tages.
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Other problems associated with compressor operation will be dis-
cussed when this component is matched with the turbine and nozzle.

a1l

wall

W

vl

—

PR URPRPNIRY WHUSPUII Y WSAIR WOPTRen N P

POV N




o

T
Adan

2.3  COMBUSTORS p

The usual process by which energy gets into the engine to be con-
verted into kinetic energy for thrust is by combustion. Part of this ;
energy, in a turbojet, is utilized to drive the turbine., For the pur- {
pose of understanding the design of a combustor, it will be assumed
that the combustion process will be required to attain a given turbine 1

‘ ' inlet temperature and that the combustion process takes place with a
S - minimum of total pressure loss. In actual operation, a specific turbine
) inlet temperature will not necessarily be stipulated; the fuel control
. will supply the necessary amount of fuel to maintain a given rotor speed. 1
This will be discussed in more detail in Section 3. In oxder to obtain
a given turbine inlet temperature, there are generally four items which
must be considered.

PROPER FUEL AIR PROPORTIONS

For all of the fuel to be burned, there will exist a unique fuel :
air ratio (£f/a) such that all of the fuel combines with all of the air :
releasing all of the latent energy in the fuel. For the turbine fuels : i
utilized at present (JP-4 and JP-5), if 100% combustion is realized, :
18,500 BTU of heat will be released for each pound of fuel burned. The i
proper mixture, called stoichiometric (f/a)gy, for 100% combustion is :
: approximately 0.067 or 15 parts air to 1 part fuel. It is obviously
: desireable to have the maximum heat released.

als s oy

) If a container had a mixture which was richer than stoichiometric,

t i.e. (f/a) > (f/a)g¢, and this mixture were ignited, the temperature
rise would be less than if the mixture were stoichiometric. This is so
because there is insufficient air to burn all of the fuel, and the un-
burned fuel must be heated, thus reducing the potential temperature rise
of the mixture. If (f/a) >> (f/a)gt, a limit will be reached for which
combustion cannot take place. This limit, called the rich limit, is
approximately 0.30 or 3 parts air to 1 part fuel. ’ ;

OV S TR S U

If the container had a lean mixture, i.e. (f/a) < (f/a)g¢, and this . 1
mixture were ignited, the temperature rise would also be less than if .
A : the mixture were stoichiometric because the air which is not burned must ‘

. : be heated, reducing the maximum temperature rise. If (f/a) << (f/a)g¢, .

: the lean limit, below which combustion cannot take place, will be reached. : !

: This value is approximately 0.035 or 30 parts of air to 1 part fuel. i
N S It is seen that the increment [(f/a)st - (£/a)jean] is much smaller than ,

[(£/2)st - (£/@)pichl- ;

i [ Figure 2.21 shows a sketch of the temperature rise as a function
b, of fuel/air ratio. The maximum température rise shown is 3600°R. .
: Theoretically a rise of 4000°R could be obtained, but gas disassociation :
reduces this value to approximately 3600°R. ;
}
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In Section 1, the equation (1.20) for the ideal fuel flow was de- : %
rived; this equation is repeated below, slightly modified. :

(£/a) = C, — 3 (2.15)

[ As mentioned in that section, the above equation is a simplified form % [
cf a more complex relationship which accounts for CP variations witi tem- i :
perature and fuel/air ratio. ! ’

Most turbojet engines currently in production are operating at max-
L imum power with a temperature rise not exceeding 2000°R. This is the
: result of limitations placed on turblne blades. It is seen from (2.15)
that the fuel/air ratio for IT, - IT3 = 2000°R is roughly 0.02 (c, = 0.24,
. H.V. = 18,500). The maximum fuel/air ratio that the engine requires is, -
) therefore, less than the fuél/air ratio that can support combustion. -
In addition, for power settings velow maXimum, the required fuel/air : =
f ratio is even less. This problem requires a device which would be able -
; to support combustion, yet still limit the combustor discharge tempera-
i ture. The solution is a combustion chamber in which a portion of the
air is mixed with fuel, preferably in stoichiométric Jproportions, to get
complete combusti n, and then gradually combined with the balance of the
air to reduce the temperatura. A schematic of a combustion chamber cross
section for the annular and can-annular type combustors is shown in
Figure 2.22. The performance of both are essentially the same.
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All of the airflow (Wat) is ducted from the compressor into the
combustor. Fuel will be introduced at such a rate to correspond to the
desired temperature rise. If the rise is 2000°R, for =xxample, the ratio
\ : Wg/Wa, is approximately 0.02. Prior to introducing the fuel, the air-

f flow is split into two parts: Primary air (Wa,) and secondary air (Wag).
The proportions are such that Wg/Wap - 0.067. " Thus:

-_———

‘—vi——oow E—-ooz and  Wa_ = Wa_ + Wa | |
Wa. - 0-Y0 wa, - 004 a, = W, s , 1
p t L3 1
But,
W 1
£
Wa ) Wat |- 702 1 i
Wa Wa_ ~ ~ | W ’ ,
£ i
.067
i
which yields:

Wa
S5 _ .067 1 - -
WE; - (—.—()‘2- - L) - 3.35 - 1 - 2.25

Thus for a combustion chamber designed for a 2000°R temperature rise,
the bypass ratio would be approximately 2.25:1.

PN WY

When the primary fuel/air mixture is burned, the mixture temperature
rise will be about 3600°R. As the gas is burning, the secondary airflow
is introduced. This flow is admitted to the primary flow in such a way
that a film of relatively cool air insulates the chamber lining to keep
it from melting. By the time the primary flow gets to the discharge of
the combustor, it is combined with all but a small portion of the second-

E ary flow. The desired turbine inlet temperature is therefore obtained.
That part of the secondary flow not mixed with the primary air, is directed

at the root of the turbine blades for cooling; this is the location of ?
the highest blade stresses.
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TURBULENCE - MIXING
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The combustion chamber has provided a means for obtaining the cor-

rect fuel/air ratio. Combustion will not be possible unless the pro- .

- portion of fuel and air is completely mixed. Laminar flow is 1ot con- ’
ducive to gcod mixing and any means that can be devised to produce tur-

bulence will aid in mixing the primary air with thé fuel. Several ways
of achieving this are given below:.

Swirl Vanes. Primary air 'is generally flowing in an axial direction

prior to entering the combustion chamber. The entrance to the chamber g
may be fitted with vanes to producé vortices in the flow. This technique
is shown on Figure 2,23.
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FIGURE 2.23

Baffle Plates. A second means of producing turbulence is through the
use of baffle plates. The primary air is admitted to the combustion
chamber and then forced through a plate with a series of openings. The
openings cause separation, reverse flow, and significant turbulence.
Figure 2.24 shows schematically the baffle plate design. 5

FUEL BAFFLE PLATE

— i
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— :Pp
. ®

* BAFFLE PLATE _—

FIGURE 2.24 8

Spray Pattern. The means by which the fuel is injected into the flow : ‘
. effects the mixing of the fuel and air to a significant degree. Most ¢
fuel injectors utilize a spray nozzle to provide a swirling cone=shaped ;
spray pattern. The purpose is to produceé small particles of fuel spread b
over a large area to obtain maximum contact area with the air. By intro-
ducing the fuel in a swirl pattern, usually opposite that of the air,
thorough mixing is assured. -#ost nozzle Spray heads feature dual con-
centric orifices’ (dupléx nozzle), The -optimum Spray pattérn
(¢one-shape) will be cbtained, Ffor a given orifice size; at a
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given flow. For a fixed discharge area, as the flow decreases, the
spray pattern deteriorates. If both orifices are open for high flow
and one closed for low flow, the optimum spray pattern will b
realized over a larger range of flows. The flow distribution can
be governed by the fuel control or internal to the fuel nozzle. A
duplex nozzle is shown schematically on Figure 2.25,
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DUPLEX NOZZLE

FIGURE 2.25

One other type of fuel injection system is the so-called "candy
cane". Basically, fuel is injected in a downstream direction and passes
through the "candy cane" along with part of the primary combustor air.
This mixture is then returned upstream, mixes with the rest of the
primary air and is burned. Advantages of this type system are good fuel
vaporization and low fuel pressures required. The main disadvantage is
t.€ tendency for the "canes" to crack or break,

IGNITION

In order for combustion to take place, the air and fuel, thoroughly
mixed in the proper prornortions, must have a temperature above 475°F.
During start, the tempe)ature of the air is well below this value.
Ignitors, placed in the primary combusticn zone, prcvide tie necessary
temperature. Usually two ignitors are installed in engines utilizing
the can-annular type of combustion chamber (one in each of two cans).
When ignition is obtained in these two cans, it is passed onto the re-
maining cans by cross-over tubes. The process of combustion ocecurs at
temperatures well above 475°F, negating the need for continuous igrition.

L

TIME FOR COMBUSTION

The flow through the combustion chamber is continuous. Nowhere does
it stop, burn, mix with the secondary air, and then. start up and enter
the turbine. Because the burning mixture is flowing, consideratic: must -
be given to the size {length and diameter) of the chamber to insure that
the gasses are completely burned‘and)mixed,prior to entering the turbine.

Flame propaoatlon speed for 1am1nar £low is approx.mately 5 FPS and
inrcreases to as high as. 100 FPS for turbulent flow. The velocity of
the air leaving the compressor can be os hlgh as 450 to 600 FPS. It is

2.38
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obvious that the flow must be slowed down to at least 100 FPS to permit
continuous ignition. In addition, the average velocity of the gasses
(fuel flow, primary and secondary airflows) must be such that the com-
bustion process is complete before the gasses enter the turbine. This
then requires the chamber to be a certain length and diameter.

COMBUSTION CHAMBER OPERATION

The design of the combustion chamber is basei on a specific total
fuel/air ratio. The bypass ratio Wag/Wa, is definec by selecting the
proper primary to secondary area ratio, gased on the design Wg/Wae, to
produce stoichiometric conditions in the primary zone of the .combustion
chamber. If the Wg/Way changes to a value other than design, stoichio-
metric conditions will not exist in the chamber. 'this is demonstrated
below:

hf =Wf xWa N
Wa Wa Wa
P t P
But
Wat = Has + Wap
thus,
Wf ) wf has + WaP i
Wa Wa i Wa
p t P

Simplifying this:

74 W -
n'f _ “f Was .1
Wa. =~ We Wa

P t

P

(2.16)

Now at design conditions, Wf/Wap = 0.067 with Wg/Way = (Wg/Wap) pESIGN-
With these restrictions, (2.16) becomes: '
Nag 0067 _

== = — -1
Wa, pes  ("¢a)pes

{2.17)

Now (KasiWap)DEs is achieved by the ratio of secondary to ﬁrimar} aréa
in the combustor. When selected, the ratio of (Waslﬁap) becomes essen-
tially constant. Thus, from (2.17)

W ] =
f _ £ . "
W c [ﬁ;] k @28
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We/Wa ) pes ‘

It is seen that only when (Wg/Wag) = (Wg/Wag)pgs does (Wf/Wap) = 0.067.

For all other conditions Wfg/Wa, will be rich or lean. Care must be

taken, obviously, when selecting (Wg/Wat)pgs so that the rich or lean

limits are not encountered during normal operation. Normal operation

includes, not only steadv state, but also eagine accelerations and

decelerations. For the latter, schedules are programed into the fuel !
control to avoid loss of combustion.

Where k

CO:BUSTION LOSSES

Section 1.2 defined the two types of 1o3s¢s which will be encountered
in the combustion process. it was stated that the ideal -:ocmbustion pro-
cess occurs at a constant total pressure. The actual process suffers
a loss in tctal pressure. It can further be seen that the need to in- 1
stall a chamber for combustion and some means to induce turbulence will 1
also cause a drop in total pressure. All losses considered, the pres- )
sure drop is roughly 5% for most engines.

Al

The criteria for complete combustion has already been discussed and
will not be repeatsd. Test results show that combustion efficiency ) i
generalizes fairly wcll when plotted against P3T3/03 as shown by Figure
2.26.

W

95%

o

h

COMBUSTOR EFFICIENCY

P3T3/C3

COMBUSTION EFFICIENCY

FIGURE 2.26 -

The rational for this result is as follows:

Combustion Chamber Pressure. Low combustion chamber pressure indicates
low weight flow resulting in low fuel flow with attendant lower pressure ~

2.40




drop across the fuel nozzle. This causes a relatively poor spray pattern
compared to the higher flows. As mentioned the duplex nozzle attempts
to minimize this.

Combustion Chamber Temperature. Since combustion efficiency depends on
good mixing of the fuel and air, the higher the temperature the higher
the fuel vaporization rate.

Inlet Velocity. The discussion on time “or combustion indicated the re-
lationship of the mixture velocity and combustion charber length. For

. any given chamber length, the lower the velocity entering, the more time
there will be for complete combustion.

This section has shown how heat is added to a flowing gas in a com-
bustion chamber. The same considerations must be made when an after-
burner is designed. Because there is considerable air which did not
enter into combustion in the main engine, additional combustion can take
place aft of the turbine. Because of this, the maximum temperature enter-
ing the nozzle is limited by the amount of air that can be burned. This
assumes that there is adequate cooling flow over the afterburner casing.
Nozzle area is another factor limiting the maximum nozzle inlet tempera-
ture. Section 3 will discuss this limitation.

R R e e T Y R R A

Thorough mixing of the fuel and air is accomplished through the use
of "V" shaped gutters shown schematically on Figure 2.27. These gutters
generally are concentric and their purpose is to produce vortices. In
addition to serving as a mixing device, the gutters slow the mixed gasses
down so that reignition of the mixture can take place. This function
led to the term flame holders. Obviously, the complete mixture will not
be siowed down. This is the reasan for the relatively long czfterburner
section (often the same length as the basic engine). Evea with this
length some combustion may take place outside the nozzle.

_TURBINE GUIDE VANE -wA CONCENTRIC “v" GUTTERS

.

;B

i

v _
GUTTERS - gl A VIEW A-A

I TYPICAL "V SHAPED GUTTERS (FLAME HOLDERS) A

FIGURE 2.27
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k| 2 Primary ignition may be accomplished by utilizing a pilot burner;
& z a small combustion chamber whose discharge is directed in the vicinity )
: of the flame holders, or through the use of a '"hot streak'. The latter ]
P : is merely a burning stream of fuel injected at the discharge of a com-
: bustion chamber. OCnce lit, the A/B is self sustaining. Ignition is
: initially required because the large quantity of fuel introduced is
: sufficient to cause rapid cooling when evaporated during mixing.
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2,4  TURBINES

The purpose of a turbine in a jet engine is to extract work froin
the flow to drive the compressor. In addition, the power required for
the various accessories is also drawn from the turbine.

Analysis of the energy transfer within the turbine is identical to
. that performed on the compressor. Reference is made to Section 2.2 for
detailed review; only the pertinent concepts will be repeated.

. The energy equation for the turbine, assuming 100% efficiency, is:

P
TS} { (2.19)
W.=C_ T 1 -} 5— 2,19
T Tu PT
) 4
and Y-1 5 )
. P Y C«-2¢C
= 3 25
WT = Cp Tq 1- [pq) + 757 (2.20)
The work, per pound of air, produced by the turbine is:
_1 [c C !
% WT = Ej-( ku u, - Su us) (Ref. 2.8) 7 (2.21)
Using (2.9) and Figure 2.13, the turbine work is:
: wT=_3_J[(g 2.¢+ @2-u + w?2-w?) (2.22) *

A comparison of this equation with. (2 19) and (2.20) shows that the
. static pressure ratio (Pq/Ps) increases as a function of the increase
i : in the last two terms of (2;22). Théese terms are called the internal
’ : effect (centrifugal and d1ffus1on, respectively). Thus, work is extracted
from the flow by: ) :

! 1. Introduc1ng the flow at a radxus greater than that at which it
% . is discharged (uy > us). This will increase [1 -—(Ps/?q)y 1/v)
or, since P, is constant, decrease Ps.

2. Expand the flow through -the--rotor -so-that w5 > wu This is
accomplished by decreaszng the flow passage. The result is to
lower Pg since Py i$s constdnt. This term (w52 - wy2) is often-
times called reaction,
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3. Finally, decrease the absolute velocity of the flow (Cs < Cy).
This is performed by letting the rotor turn (see Figure 2.13).
Since thnis effect is related to momentum, (Cy¢ - C5%) is termed
impulse.
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Similar to the compressor, there are two general catagories of turbines;
these are the centrifugal and axial flow turbines. The centrifugal type
is not utilized because of size, ducting and problems associated with 1
operating a casting at elevated temperaturés and speeds. All turbine !
powered aircraft utilize the axial flow type. Deletion of the contri-
bution of the centrifugal effect leaves the kinetic and internal diffu-
sion (see equation 2.22). Recall that the axial flow compressor also
relied only on these two functions to obtain 4 pressure rise. It was
determined in Section 2.2, that the pressure rise per stage of an axial . 1
flow compressor is lower than that of the centrifugal compressor, pri-

marily due to the lack of the centrifugal effect. Thecretically, the

remaining terms could make up for this loss, but it was shown that tne . 3

impulse was derived from a blade which, if at high enough angle of attack, ) {
would stall limiting the maximum pressure rise and therefore, the work ' !
that could be put into the flow. The stall was triggered by flow separa-

tion due to the adverse (increasing in the direction of flow) pressure . 4

gradient. In a turbine, there is a negative pressure gradient (Pg < Py).

The cause of the flow separation is removed, permitting a larger energy {
transfer into a turbine stage. In an axial flow turbine, fewer stages

are required to produce the same work that is produced in as much as

five times as many compressor stages.

A single stage in a rotor is comprised of a set of fixed vanes called : ‘
. nozzle guide vanes (NGV) followed by a set of rotor blades. The function : g
i of the NGV is to increase the kinetic energy of the air (increase C). } !
! This produces a larger momentum and consequently a larger force to impinge |
on the blades. The purpose of the rotor is to deflect the: velocity of
the gas. As the amount of deflection increases, the force on the blade
increases, If the blades are then permitted to turn, the absolute veloc-
ity of the air leaving the rotor is lower than that entering. Work is 1
therefore performed. In addition to the "impulse" work, the rotor blades
are designed to converge such that the relative velocity within the ‘
L blades increases (wg > wi). The:greater the increases in- relative veloc- :
i ity, the greater will be the work: This portion of the work is. called
reaction. It is seen then; that the work of the turbine is derived from
N both reaction and impulse. A pure reaction turbine is one in which the .
) absolute velocity across the turbine is unchanged and (ws > wy). Conversely, -

) a pure impulse turbine merely defiects the flow.with no increase in rela- 4

( tive gas -flow (Cy > Cs, wy = wg): The percent reaction is defined as: . !
3 ; N k - ' "
s R N 1 S ]

(wsz - qu); (él’z = 4C52)
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and is merely an indication of the amount of static pressure drop due
to reaction. Tests show that a 50% reaction turbine has higher effi-
ciency than one with more or less reaction for the same work output,
Most turbines are therefore designed to operate with 50% reaction.
Figure 2.28 shows the variation in total and static pressure through a
two stage axial flow.turbine. ’
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The performance of a turbine is determined in much the same way as the
compressor performance. Work, airflow, total pressure and total tempera-
tures are measured, A similar derivation can be performed as on the
compressor to show that the total pressure ratio across the turbine is

e

L e a

_—

f a function of corrected rotor speed and corrected airflow. Convention
i has replaced the pressure ratio with Ah/®T, where sh equals hT, - hTg, ;
5 This term, called corrected turbine work, can be shown, by rearranging ‘

i (1.22), to be proportional to PTQ/PTS- Figure 2.29 shows a typical,

, : experimentally determined, turbine performance curve, }
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2,5 NOZZLES

The thrust of a jet engine is produced by increasing the momentum
of the air. The equation used to calculate the net thrust due to the
momentum change is:

= (Wa/g) (V10 -V) (reference 1.6) (2.23)

]

The function of the nozzle is to produce the maximum attainable exit
velocity. When the gasses leave the turbine, the velocity is such that
the Mach number is subsonic. From (2.1a), a decreasing area is required
to accelerate the flow. The maximum velocity that can be attained will
exist at the exit of the nozzle., There are two limiting factors on this
velocity; the first is ambient pressure and the second Mach number. As
the gas is accelerated (expanded), the static pressure decreases. The
minimum value obtainable is the ambient pressure outside the nozzle.

In addition to the static pressure décreasing, ‘the Mach number in the
nozzle is 1ncreas1ng.. From (2.1a), the maximum Mach number obtainable
with a converging nozzle is unity and the velocity is therefore limited
to a value corresponding to this Mach number. If y = 1.33, the total-
static pressure ratio at thé converging nozzle exit plane that will
produce this condition is PTlo/Plo = 1,849, It is evident then, that
for pressure ratios below and equivalent to 1.849, P10 will be equal to
Po and for pressure ratios above, Pjo will beé greater than Pp. When
PT,4/Py > 1.849, the nozzle is sa1d to be choked and ;5 = 1. 0.

Even though the velocity has accelerated to a maximum value, there
exists a force (Pyp - Pg)Ap which acts on the gas. Tnis force adds to
the net thrust. Thus, the net thrust produced by an engine with a con-
verging nozzle is:

= [(Wa/g)V,4 + (P1y - PylA;o] - (Wa/g}V, (2.24)
for PTIO/PO > 1.849 (nozzle choked) and, .
= [(Wa/g)V,,] - (Wa/g)V, (2.25)

for PT,o/Py = 1.849 (nozzle unchoked).

The quantity in the brackets in both equatlons is that portlon of

the net thrust attributed to the nozzle and is termed the gross thrust.
The product {Wa/g)Vo has been termed ram drag.

Although the thrust of a converging nozzle- does inicredseé with pres-
sure ratios above 1.849, i greater thrust can be realized at these pres-
sure- ratios by further accelerat1qn of the flow. From (2.1a), a dzverg-
ing portion is required to accelerate the flow above a Mach number of
1.6. It is to be recalled that even though supersonic Mach numbers exist
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in the diverging portion of a converging-diverging (C-D) nozzle, the
Mach number at the minimum area (throat) is unity and the nozzle is
still choked. During this acceleration process, the ambient pressure
is decreased. The ideal C-D nozzle will expand the flow to Pg. The
equation, therefore, for the net thrust of an ideal C-D nozzle is:

F, = [(Wa/g)VlG] - (Wa/g)v, (Ideal C-D nozzle) (2.26)

This is the equation generally utilized to calculate the thrust of a
C-D nozzle. As in the converging nozzle, the term in brackets is called
the gross thrust.

Comparing the gross thrust portions of the net thrust equations
(2.24, 2.25, and 2.26) shows that the converging nozzle equations attempt
to calculate the actual gross thrust by accounting for incomplete ex-
pansion. As will be seen, errors due to friction and the like, will
exist preventing a simple calculation. An experimentally determined
gross thrust coefficient will be defined to permit calculation of actual
gross thrust. The equation (2.26), used to calculate the thrust of a
C-D nozzle is conceptually different from the converging equations. It
is based on an ideal nozzle; oné which expands the gasses completely to
ambient pressure. Thus, the calculation of gross thrust for an engine
with a C-D nozzle will be somewhat in error due to the assumption of
complete expansion. In addition, the same friction errors encountered
in the converging nozzle, will be present. Additional terms ceuld be
added to (2.26) to account for the assumption of complete expansion, but
its complexity would not improve thée final result.

Three equations have been presented which can be utilized to cal-
culate net thrust for a simple converging nozzle engine, and for the
more complex converging-diverging nozzle engine. This section will
further develop the above equations into a form that is readily useable;
a form which utilizes easily measureable parameters. Further, the ex-
perimentally determined coefficients that make the theoretical calcu-
lation agree with the actual will be formulated. Finally the design of
some basic convergent-divergent nozzles will be presented along with a
discussion of variable geometry TozzIes—

CONVERGING NOZZLE - SUB-CRITICAL AND CRITICAL OPERATION

The gross thrust equation to be developed for this mode of operation

is:

Fg = (Wa/g)V10 (P10 = Po) (2.27)
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: Ao < A9
: : . Vo > Vs
M9 << 1.0
__— Pro /POS 1.849: PioxPO: MO !
9 10 Py, /Po >1.849: Pi0>Po:Mio | '
, Ao Ao 9
- Vo Vio
CONVERGING NOZZLE 1
) FIGURE 2.30 |
? Figure 2.30 shows schematically the type of nozzle under discussion. § i
: It was shown in Section 1.2 that the nozzle efficiency is defined as: %
: V.2 / 2 T, - h
- 10 9 10 s
H n = = (ref. 1.27) (2.28)
; I (AR Liy A7 Bl ER |
: 9 10 ‘
i This efficiency is illustrated in Figure 2.31a below, which may be com- ;
pared to Figure 1.18. L
- Prg :
: —==1.849 : ;
g Prg Pio Pre P
In K P
T ‘
A > = " il
> g - 10
% vio)® [Yio £ |tvion 29J_ Pio
z| 299 299 21209 r - _hwo
E P+ Po ] Po
F ; i im0 hio :
P ' ENTROPY~S ENTROPY~S :
(@) (PTo/Py) < 1.849 () (PTo/Py) > 1.849
L CONVERGING NOZZLE H-S DIAGRAM
FIGURE 2.31
From Section 1.2, Vi =QE;‘V10' and substitutine Vo' from..(2.28) gives
: us: | ‘
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Vio ='J”n (hT9 - nyet) 285 (2.29)

Equation (2.29) is the one to be used for analysis, but from the
equation Vig =ynp'Vio', a physical feeling for n, can be cbtained. The
square root of the nozzle efficiency is merely the ratio of the actual
discharge velocity to the isentropic discnarge velocity. Sometimes
Yan is termed the "velocity coefficient' (C.V.).

C.V. =V, /V (2.30) .

Substituting (2.29) and (2.30) into (2.27), we get:

Fy = (Wa/g) (C.V.) «/(h,fo - hy,') 25 (2.31)

The airflow in the above equation is the actual airflow which is not
easily measured. To compensate for any error between actual and isen-
tropic airflow, we introduce a second coefficient called '"discharge
coefficient”" (C.D.), defined as the ratio of actual airflow to ideal
airflow, C.D. = Wa/Wa'.

Solving this expressic. r actual airflow and expanding,

Wa = (C.D.) Wa' = (C.D.) o, ' g A, V,,’

Now, p, ' g = ch'/'RTig', thus:

kN | (o

Wa = (C.D.) (Plo'// RTIO,) A10 VIO'

Further, V * =1/(hT = h,,") 2gd , therefore:
- o, Y

Wa = (C:D.) (Pyo' / RT ") Alo-‘/(h.rg - hye'") 267 (2.32)

This expression, when substitutéd into (2.31), yields:

Vs
»

Fg= (C.V.)-(C0.) (P " / RT ) A (th =h ") 2

If Cp is assumed constant,

Fg = 2 (C.V.) (C.D.) (JCP/ R) Als (Plo'/ Tlo') (TT9 - Tlo')

Factdr‘ing’oﬁ‘t»TT9 yieldsy
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Fg = 2 (C.V.) (C.D.) (G, / RY Ay P! (T, / Tieh ]f:l ) (Tlo'/ TTg]} ‘

or, since (JCp/ R) = (v/y - 1), [

Fg =2 (C.v.) (C.D.) C(v/y - 1) A P ¢ [(?Te //T}or) ) 1}

TRt p 11

% Since TTg/Tlg' is isentropic:

o -1

= (C.V.) (C.D.) (2y/y - 1) AP t|[e Pt Y -

v o - el sne) T -]

(2.33) 7

Finally, since P;' = Pg,

z P Y :

Eg:(CV)(cn)sz e -1 (2.34)

) R i TS I b . f

i
‘1

Wbyl S g

rom (2.34), the referred gross thrust, for a converging nozzle
w1th To/Pgp % 1.849 is determined .by measuring the nozzle pressure ratio
(P Tg/Py) and ambient pressure Pg. The velocity and discharge coefficients
caanot be separately determined and are generally combined as 2 gross
thrust coefficient (Cg). ‘

Cg = (C.v.) (C.D.)

This coefficient is determined by measuring (Fg/ﬁo) on a thrust stand
and calculating the theoretical gross thrust from the equation:

Y-1
P Y i
f
8 21, (-—TS -1 (2.35) 5
50 v-1 'st "10]\ 7] . ‘

W

0 ARy D DR 0 RO AR ) O gty

The value of C; is then determined.by dividing the measured thrust by
the theoretical. To determine any altitude effect on C,, Py is varied
in an altitude chamber while measuring gross thrust.

, E Reviewing the evolution of the gross thrust coefficient, we find
4 ) that, as defined, the coefficient adjusts for non-isentropic flow. When
- determzned -on a thrust stand as above, Cg further adjusts for errors in:

0000000000000

IS 5% 1. Ajg - The area used should be the actual "hot A;(" acted upon
3 ] by the force resulting from the difference ir. pressure between
1 : Pyp and Py. Ordinarily the cold area is used.
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2. PTg - The total pressure measured is normally not the exact

average but some other value.

3. Cp - Specific heat as well as v varies with temperature. Tne
utilization of y = 1.33 compensates, in part, for this varia-
tion.

It is theoretically possible to eliminate all errors listed above,
but the effort and expense for necessary measurements would likely out-
weigh the slight improvement in accuracy.

CONVERGING NOZZLE - SUPERCRITICAL OPERATION

When the nozzle pressure ratio reacies 1.849 (y = 1.33), the exit
Mach number is unity. Any further increase in PT5/P; will not accelerate
the gasses above this value. An additional thrust term, [(P;s - Pg) A:sl
must be added to arrive at the gross thrust.

r il
(PT Y ]
2 s

'
- H Poa 4 - - 3
Fg = (C.V.) (C.D.) 37 445 Py, Pro I! * A0 (Prp — Py
A ]
(2.36)

The H-S diagram for this case is shown in Figure 2.31b. Hanipulating
the last term of the equation, we have:

- ¥-1

- v 2 Y
Fg = (C.V.) {C.D.) §:E'A . p 1

P
T, P,
+ A PO (-—ji-iﬁ- \

19 \pa Tg—J

Dividing tarough by 85 and rearranging pressures in the first tera,

1
P P Y

F p. T I('T
'8 _ . L2y 19 '3 2
85 (C.v.) (C.v.) Y-1 Aii‘s PSi. P. P P_.T. -1

Tg 0 1g

B A 7
MEETRON Fay bt : (2.37)
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Now the factors PTg/P,q' and PTq/P,,, appearing in the equation, can be
expressed as:

pTg// P, = Py // (Y*l)

Substituting this expression into (2.37) and rearranging:

X
Y

r X_p
F y-1 T
g _ 2y ([ 2 8 (Y+1
E; = A10 PSL Lfc V.) (C.D.) ——T'(Y+1) P ( 5= - 1)
.
pT9 Y-1
2 (2 -1
* P, l(v+1)
or,
p e
Fg Ty 2 Y-1
-—(-)-= AIO pSL -F-)-o—- (Tff} [Y (C.Vv.,) (C.D.) + 1} -1

(2.38)

Although (2.38) is the gross thrust equation for supercritical
operation, it will be further simplified for actual use., Note that,
unlike the subcritical case, the term (C.V.) (C.D.) cannot be multiplied
by the theoretical gross thrust to obtain actual gross thrust, For
simplification, the (C.V.) (C.D.) will be replaced by a gross thrust
coefficient (Cg) as shown below:

—l; P
Fg s \T-1 Ty o
5, - Ceto P | D) (m) 79 (2.39)

All terms to the right of C, comprisé the theoretical or ideal gross
thrust, With this simplification, C, is détermined in precisely the
same way as for the subcritical mode of operation.,

Some discussion of these equatlons is warranted. Referr1ng to (2.36)
and (2.38), the (C.D.) (C.V.) term is really a constant for Tg/Po > 1 %49,
If (C.D.) (C.Y.) represénts the departuré from 1aentr0p1c expénsion within
the nozzle, the value of the (C.D.) SC iV.) to ‘be used in (2.3&) could
be determlned by éalculating Cg- for Tg/Pg ~1/849 using (2.36).
Considering the:discussion fbllowxng the gross thrust equation for sub-
critical operation, the Cg term included errors other than those resulting
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directly from nonisentropic flow in the nozzle, Because of this, the
ability to pinpoint the correct value of C,, or even the choked flow '
) point, to be utilized in (2.38) is questionable, It is, therefore,
b : evident why the simplification from (2.38) tc (2.39) was made.

—

CONVERGING-DIVERGING NOZZLE |

If a converging nozzle, as in Figure 2.30, is operating at 1 pres- 1
sure ratio PTg/PO > 1,849, it will produce an ideal thrust give by ]
(2.39) with Cg = 1,0, By adding a diverging section to the converging
nozzle (see Figure 2,32), such that the exit area is adjusted to isen-
tropically expand the gasses to Py, the thiust will be increassd. This

is easily shown by an example, but first the thrust equation of a C-D
. nozzle inust be developed.

A0 510
Ay '
2 ) T 10 ]
{
i CONVERGING-DIVERGING NOZZLE |
Y
‘ FIGURE 2,32 .
As previously mentioned, the gross thrus* équation will be based :
on an ideal ' entropic expansion of the gasses to ambient not accounting j
for any nonisentropic process (such as shocks due to overexpansion) :
within the nozzle, or for (Pjy - Fg)Ajp resulting from an under expanded ‘
A flow. (The terms under and over expansion will be amplified.) t
i % s
The throat of a C-D nozzle will be choked for PT_/P_ > 1.849 g g
N (v = 1.33). The corrected airflow through the nozzle is? ) E J
] , I
3 - ‘
. = A
) i L
-
. g v
: = u
i . v
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Therefore:

A'I‘ P'I‘ Y-1
Wa = 2 13-(-3L-) (2.40)

R
T
T9

The exhaust velocity for an isentropically expanded nozzle is:

L
¥-11Y)?

PO Y
Vlo = ¢ 2gJ Cp 'I’,I.9 1 -(3—) (2.41)
T9

Substituting (2.40) and (2.41) into the gross thrust term of (2.26)
yields the ideal gross thrust for a converging-diverging nozzle.

s 1
Y+1 -1 {12
. Ap P RALS Rk Y
T Y-1 P Y
Rt et B (E) T gy (1 (5F)
& C-D g T9 9 Tg

Simplifying and dividing by 8y gives the ideal referred gross thrust,

1
\r+15P y-1} 2
, v1
CO YRR EATE R L S R
80 Joop SL v-1) \¥+1 P, PTg
(2.42)

Equation (2.42) is the gross thrust for a completely expandéd. isentropic
C-D nozzle. The actual thrust will be detérmined by multiplying (2.42)

by an experimentally determined gross thrust coefficient Cg Thus:

( g)' - cg( l:n ¥ ;_7,, f'> B (2.43)

It will now b shown that the thrust of a° le, operating at
a Prg/Py > T.849:and isentropically expanded to ambient pressure, pro=
duces more thrust than a converging nozzle whose d1scharge area is’ the
same as the throat aréa of the C-D nozzlé. The comparison should be made
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between 52.39) with Cg = 1.0 and (2.42). Observation shows that for

"large' *Tq/Py the limit of
-—nl
il
(F0/5)! A (2
-Tgi_§2~£:n_ Approaches METRANE =
( g/ O)Conv 7%;
2
(r+ 1) (733) |

For a specific case such as PTg/Py = 8.0 and v = 1.33,

3 .248-‘
|

Fg \! 7.061} 2 0
g 2 \[( 2 \" i
(%)ﬂ = Ap Py (1-33) (0.33) \2.33) @)1- (?3‘)

8.67 AT pSL (Equation 2.42)

and

Fg 2 4.03
(Ei;)~ = Ajp Py 2.33 (2 33) (8 - 1)
wonv

9.10 A

10 SL (Equation 2.39, Cg = }.0)

Since At of (2.42) equals Ajg of (2.39), the increase in gross thrust
at sea level is:

9.679:19.1 x 100 = 6%
There will be a larger percentage increase in net thrust. It appears
then that whenever a supercritical pressure ratio exists, a C-D nozzle
should be utilized. This is true if the englne wiil always be worling
at the design point of the nozzle. The remaining discussion will deal
with the losses and off des1gn 0perat1on of a fixed geometry C-D nozzle
and variable geometry’C-D nozzle.

C-D Nozzle PTo/Pg < 1.849 (¥ = 1.33)

A C-D nozzle is never operated at a nozzle pressure ratio below the
value which will permit choking of the throat. The reason for this is
that, if the throat does not choke,lthe exit veloclty will be less than
that existing at the throat, therefbre reduC1ng the maximum thrust
available. - i
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C-D Nozzle PTg/Py > 1.849

e
—————a  Ma

If a C-D nozzle is operating on design, the exit area (A;g) will
o be such that Pyg = Py and the exhaust gasses are completely expanded,
Z This discharge area (A}g) is uniquely defined by the design nozzle pres- !
: sure ratio. When a C-D nozzle is operated at nozzle pressure ratios ' '
above design, the discharge area will not be large enough to fully ex-
pand the flow within the confines of the rozzle., Similar to a converging
: nozzle operating supercritically, there will exist a pressure differential
P at the exit plane causing a force Ajo(Pjg - Pg). The gross thrust cal-
. culated for this nozzle using (2.42) will be greater than actual The
gross thrust coefficient (Cg) «4ill therefore decrease as ( Tg/Py) gets
‘ further and further above de51gn nozzle pressure ratio. A C-D nozzle
: operating above the de51gn (PTq/Pg) is termed underexPanded The flow
process up to the exit area in an underexpanded nozzle is ideally isen-
tropic. Any nonisentropic processes (friction) will also be included
in determining Cg. Figure 2.33 shows the H-S diagram for a C-D nozzle.

e —

e amham .o o

[

JRORRE e

Fﬁg ‘
; 4
|
h‘ys ' ‘ i
2 | % ';

} Yoy I — Pio~-NOZZLE UNDEREXPANDED :
Vio 299 37 - 1

2gJ__—Po -NOZZLE ON DESIGN
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—Po—NOZZLE OVEREXPANDED :

ASSUMES EXTERNAL OBLIQUE SHOCKS

ENTROPY - S
C-D NOZZLE H-S DIAGRAM

FISURE 2,33

i g 0

The operation of a C-D nozzle at pressure ratlos below design but
above 1.849 results in nonisentropic flow. The nozzle, by virtue of .
its fixed contour, overexpands ($ee Figure 2.33) the -3uperSonic flow to )
a static pressure P;g less than Py. Thus, the gross thrust calculated
: from (2.42) will be greater than actual and the %ross thrust coefficient
] will decrease with pressure ratios below design YTo/Pp. In addition to .
this situation, overexpansion cause$ a shock system to-form, For pres- ~ :
sure ratios slightly below de51gn, the shocks are oblique and external
to the nozzle. The further PTg/Py goes below. -désign, the stronger the
shocks will be until the obliyue shocks become one normal shock and
attaches, Actually when the static pressure Pyg is roughly 50% of the

ambient pressure, the flow separates relieving the overexpanded condi-
tion,
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At this point, a summary of the pertinent facts should be made:

1. Converging nozzle - Operation below the critical pressure
ratio results in complete expansion. Operation above results
in a gross thrust which is less than that obtainable by com-
plete isentropic expansion.

2. C-D nozzle - There is one nozzle pressure ratio, called design
pressure ratio, which results in complete isentropic expansion
and maximum thrust. Above this pressure ratio, the gross thrust
is less than the maximum because of incomplete expansion
(P1g > Pg), and below, overexpansion and a large negative force
due to Pjg less than Py reduces the thrust.

A plot representing these results is much clearer. Figure 2.34
shows, for two nozzles (Convergent, and C-D), the theoretical gross
thrust ratioed to the ideal thrust. The theoretical gross thrust is that
which would be measured on a thrust stand if there were no friction or
measurement errors, etc., The ideal is that thrust which would result
from complete isentropic expansion., Figure 2.34 shows the advantages
as well as the disadvantages of convergent and C-D nozzles.

Turbojet powered aircraft that are subsonic generally do not operate
at nozzle pressure ratios above 5. Aircraft which operate supersonically
and at high altitude experience pressure ratios of 20 or higher. At these
flight conditions, it is advantageous to "add" a C-D nozzle., Many early
sup2rsonic aircraft had two position nozzles; the ''closed" or converging
position was for military power or non-af-erburner operation since the
aircraft speeds and altitudes produced relatively low nozzle pressure
ratios; the "open' C-D position produced aircraft speeds .and.altitudes
that had relatively high nozzle pressure ratios. When going to after-
burner position on the nozzle, there was 1 loss in maximum tnrust avail-
able, Jepending on the nozzle pressure ratio (see Figure 2.34). As the
airplane acceserated or climbed, the nozzle pressure ratio approachéd
design pTg/Po. This two position nozzle was a compromise to a fully
variable C-D nozzle. Figure 2,35 shows schematically a two position
C-D nozzle. Notice the space shown between the primary nozzle and the
secondary nozzle walls. When the nozzle is. in the-open or A/B _position
and below design pressure ratio, overexpansion causes the local statié
pressure prior to the discharge area to be less than ambient. If the
entrance to the secondary passage is open to the free stream, a flow
would result since Pjocal < Pambient. This secondary flow aerodynamically
forms a C-D nozzle with less divergence than the fixed C-D boundaries

cée Figure 2.36). The furthet PTg/Po is below design, the lower will
be the local static pressure,- ‘and- the: greater the secondary fiow. This
type of nozzle is called an éjector nozzle, It is seen that the secondary
flow produces a somewhat fully variable C-D nozzle.

2,61
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By introducing the secondary flow, there exists a secondary ram
drag and a secondary gross thrust. Since there is no energy added to
this flow, the net thrust FNggc < 0. The primary gross thrust of the
basic engine increases due to the aerodynamically compensated nozzle
with the net result that

FN > FN
TOTAL/EJECTOR TOTAL/NON-EJECTOR

when (PTq/Pg) is below design (PTq/Pg).

Most contemporary C-D nozzles are of the ejector type. Some designs
utilize blow-in-doors. Referring to Figure 2.37, it is seen that in
addition to the secondary air, tertiary air is admitted through blow-in-
doors. The operating principle is the same. When the C-D nozzle is
overexpanded, the local static pressure upstream of the nozzle exit will
be below ambient and there will be an inward force on -the doors,

{Apoor (PLOCAL - Pg)]. The doors will -open anu admit air as shown. The
amount the doors open‘depends on the force applied and it should be
clear that the doors will seek a position to provide an optimum aerody-
namic exit area.
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All of these concepts (Secondary Flow, Blow-In-Doors, Variable
Contours) are devices which tend to increase the momentum thrust. As
with any other scheme, the penalties .(weight, added length, added flow
friction) must be weighed not only as they affect engine thrust but,
more significantly, the total aircraft performance. )

What has been shown above focused on how a nozzle converts static
enthalpy into kinetic energy for thrust. Basic engine operation is
not concerned with the mechanisms-which perform the conversion. The
only parameter which affécts the engine operation is airflow, or more
specifically, corrected airflow. The validity of this statement will
become evident in Section 3. For a non-afterburning convergent nozzle,
the corrected airflow (Wa/§¥76T) is the same. from the entrance to the
nozzle to the exit. If the exit section is chosen to determine this
parameter, then:

P
o T Al T R Y+#11 1 (2.44)
Ty 1)/ st L.l AVT|Z
, 1\ "7 Mo

But
Y-1 1 “ %
(PT )T 2 1 »
_ ) 2 12 ™
M10 = Piy -1 [Y'l]

Substituting this into (2.44) and simplifying gives:
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From (2.45), Wa /5%;/679 %s a function only cf PTg/Pj, because Ay is
constant. As PTq/Pyg increases, Mjg increases. For all values of
PTo/Py < 1.849 (Mg € 1.0), Pyg = Pg. Thus, Wy Y8Tq/8Tg will be a func-
tion of the nozzle pressure ratio PTg/Py. When PTo/P; exceeds 1.849,
PTg/P1p remains constant at 1.849 and the nozzle is choked. If a di-
verging section is added, the corrected airflow is unchanged because the
throat Mach number is unity. Thus, the corrected airflow of a nozzle
(Convergent or C-D) is solely a function of the nozzle pressure ratio.
Figure 2.39a shows this variation for two nozzle areas. For convenience,
the curve on Figure 2.,39a can be converted to the form of:

e’ -
W T
aba_P/P.. p/
= f ( T9 T2) in lieu of T9 Po’

The reason will become c¢lear in Séction 3. To do this, constant values
of PT,/Py are selected then:

p P

(),
PT 15'9 PTZ/PO

2

If the inlet efficiency is 100%, PTZ/PO equals PTo/Py and PT,/P5 is

. uniquely defined by Mp. With this information, Figure 2.39b results

end is shown for one nozzle area. -
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SECTION 3

THE COMPLETE ENGINE

3.1 MATCHING

During steady state operation of the engine there must be a definite
relationship between the compressor work, airflow and speed and the tur-
bine work, airflow and speed while at the same time the nozzle must accept
the airflow supplied to it.

In this analysis, for simplicity, it will be assumed that:

(1) The turbine work and compressor work are equal. (Obviously the
turbine work is greater than the compressor work due %o friction,
and the requirement to operate »umps, generators and the like.)

(2) The compressor airflow, turbinz airflow and nozzle airflow are
all equal. (This assumption is invaiid in so far as air may be
bled from the compressor and there is the additional mass flow
through the turbine due to fuel addition.)

(3) The compressor and turbine rotational speeds are the same since
they are mounted on a common shaft.

The match technique demonstrated herein will be for a single spool
engine. The effects of deviations from the assumptions made in sub-
paragraphs (1) and (2) above will be discussed in appropriate locations.
Initially all component efficiencies are unity in order to simplify the
analysis. The effects of non-ideal processes will be discussed as appro-
priate.

GAS GENERATOR MATCH

The first step in the match process is to determine where the gas
generator (compressor - combustor - turbine) will function together as
a unit. To do this the compressor m2p (in terms of turbine referred
parameters) is superimposed on the turbine map. The following procedure
may then be employed to o tain a match,

1. Assime a vaiue of N/"g’l‘z on the é{x:tpressor ;miap (Figure 2.3{8).

2. Select corresponding values of 'Ta/'T and Wa/8y /6y from the
mapo - = N

3. The compressor work is then obtained fron

[ R R B




| W
[T

P F T —

= P
BTZ 9,1..2 nC T2

(If the compressor efficiency is not unity it may be included here.)

Ah Ah T
4, Calculate Tc = _._;EE Ts
8, ) T
Tl& . T2 TTu

(1t is additionally now necessary to assume a value of TTQ/TTZ ).

5. Calculate W_ /8 v Ve
a, Ty a. Ts ?Tz TTu
3 6 P T
Ty T2 T,/ YT,
P.. ,P: P. P. . s L
(Ta2/' Ty = T/ T3 if n,* = 0, otherwise additional knowledge

about the combustor is requ11ed )

6. Calculate N//@fA = N/ V6,
’ Y T

7. Repeat process for all desired values of I\I/»/?J'T2

8. Plot compressor map in terms of turbine veferred parameters on
the turbine map, (Figure 2. 29,

The intersection of (N//" opp. 2nd (N/V" ) a¥e the locus
of points where the cecmpressor w3r£ alrflow and speeg are equal to the

. turbine work airflow and $peed for the valué of qu/ Ts assuméed, and

hence the gas génerator is matched along thlS line, Figures 3, la through
3.1f show the matéh 1inés for values of ITy/TTs; from 2.0 té 4.5: The
match lines on Figure 3.1 aré for a no bleed, no accessory load-match
with component efficiencies of unity, If air is bled from the compressor
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then
wa/.éTq . [Wafg'l’“ - wa@’r“ \
Sp TURB \ Sp BLEED S |
T, y | T, | COMP

Increasing bleed airflow will cause the transformed compressor map
to move to the left on the turbine map.

Similarly for accessory loads.

"rue = APrurs = Mo v Moads
oy o, o, o,

and an increase in accessory loads will move the transformed compressor
map up on the turbine map.

Each of the match lines of Figure 3.1 is then plotted on the com-

pressor map as shown in Figure 3.2, The calculation proceduré required
is the reverse of that outlined above.

GAS GENERATOR - NOZZLE MATCH

After the gas generator is matched, the néxt step in the match
process is to add a nozzle and determine where the entire engine-will
function as a unit, The procedure followed is to transform the matched
gas generator into nozzle referred parameters and superimpose the matched
gas generator (Figure 3.2) on the nozzle map (Figuze 2.39). To do this

1. Select a value of N/Jg%z on the compressor map.

- . g
2, Select corresponding val. , of “a/gfg and pT3/PT2

Ty
3. Calculate
Wa’/a'n—, _ wa/é',rz \‘ Pr, Tr,
6T¢§ (6'1;2 l PT,_, TTZA
: A P. P _ ‘e '
(If n* = 0, -Ty/'Ty = Tp/ T3, othemwise additional

knowleﬁge about the combustor is required).
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7.

Calculate

h,“"h C
I, Ts _ p To T3 - 1]
PSS n =
[od

Calculate

x Y
st rl hT“ - nTs Y-1

{ —————————
P C.T,
Ty L pTy T

it

Calculate

Calculate
walarg

< . — |7
Tg °1, Tg \PTs}

(If the tailpipe is isentropic TTQ/TTQ = TTQ/TTg

P .
and PTg/PTg = PTQ/‘TS, otherwise additional knowledge
about the tailpipe is required.)

Calculate

P P

Tg _ TQ RTe\
P
T2 PT2 PTu}

gzg m* =0, ?rq/ﬁ'rz - I‘:'ra/gTz. If the tailpipe is
rictionless To/ Ty = 'Ts/ Ty.

glight Mach number and inlet recovery are required. to determine
Tzo - : )
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9. Repeat the process for al. desired values of N//§%2°

For each value of N//6., the compressor airflow and pressure ratio
transformed to nozzle referenced conditions are superimposed on the nozzle
map (Figure 2,39). Figure 3.3 shows the results for an exit area of 1.5
square feet if the nozzle is a converging nozzle or a throat area of 1.5
square feet if it is a C-D nozzle, The intersection of the compressor-
turbine match lines with the nozzle curve represents the operating line
of the engine, For a matched compressor-turbine, the operating line

depends only on the exit area for a converging nozzle or throat area for
a C-D nozzle,

By calculating in reverse order using the outline given for the
compressor.turbine-nozzle match, the operating line is placed on the
compressor map as shown in Figure 3.4.

The following useful curves can be determined from Figures 3.3 and
3.4 for the operating line, :

From Figure 3.3

» Figure 3.5 N/¢6T2 vs. PTé/pTé {Engine Pressure Ratio - EPR)
From Figure 3.4

+ Figure 3.6 N/Y6 wvs, PT3/pT}

T, ——
- Figure 3.7 N/V‘BT2 Vs, wa 6T2
—
T2
- Figure 3.8 N//ST2 Vs, TTz,/aTg
Note : TTq = TTq IT
T2 T

From_ Figures 3.6 and 3.8

« Figure 3.9 N/#Sf? Vs, TTS/QTZ

y-1
R ) P, Y
Note : (hT&' = h'TS} = WT; = L;c = CPTTZ {—-- T§ - -1
, - \ |

T . T5 = = . . oy=l N A
Ts - Ty - - T i PT - l;_
e ow S| 2}
Tz T2 : P -1
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From Figures 3.7, 3.8, and 3.9

- Figure 3.10 We vs. N/Vep
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: Figures 3.5 through 3.10 are called the gas gzncrator curves (GGC).
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3.2 ENGINE PERFORMANCE

In Section 3.1 engine paramcters have been shown to be a function of
corrected rotor speed (N/Vé6rp,), a

«ct that is of significant usefulness.

Additionally it should be noted th .- with the possible exception of air-
flow and turbine inlet temperature, all parameters are measureable in
flight,

At this point it is well to mention assumptions made during the

match and assumptions concerning the fluid properties., Worthy of mention

are:

v

1.

Steady Flow - The engine match and gas generator curves were
obtained during steady state operation. During testing, cruise
flight conditions are definitely steady state, and ¢limb, descent
and accelﬂrating flight at constant throttle setting are for
practical p"*ﬂnses steady state conditions. During non-steady
state conditiocns (engine accelerations, etc.) the engine match
will be different and other gas generator curves would have to
be cstablished.

Nozzle Size - The engine was matched for a fixed nozzle throat
area, Changes in nozzle size will change the operating line,
smaller nozzle throat areas moving the operating line towards
the stall line and larger nozzlez throat areas moving the
operating line away from the stall line. This effect is real-
ized by considering Figures 3.3 and 2.39a.

Tnternal Engine Gsometry - If variable stators or bleed valves
are used in the compressor, (e.g., to relieve stall problems)
the conpresscr map will vary as stator or bleed valve positions
vary, and heace the match liné will vary. If stators and bleed
valves ure scheduled with N/V/67; chen geometry effeéts would
be sclf corcained on a single compressor map- and generalizatien
of the gas generator curves should be obtained. Depending on
the engine, it may be desirable to measure engine geometry
during flight test, :

Biercs or Powar Extraction - The bleeds referred to here are
those required for anti-ice; pressurization, etc: From an
analytical point of view, the- gas generator curves can be
developed for the no bleed condition with correction curves
established enabling adjustménts to-be made for vaTious air
bleeds. If the GGC are developed from test; the-bleed
configuration must be known. Usually it dis: difficult to.
measure bleed flow accurately- and:to install the instrumentation:
requived to do- sos 1f this ‘is- the “case, thé extremes: of bleed -
oxtraction can bé testéd. from- which the:worst effecti(s) deter-f
ninedsy- ;A similar effort is fequired for:-power -éxtraction: - -~
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5. Component Efficiencies - It was shown, during the matching
procedure, where the various component efficiencies are accounted
for. If the techniques afe reviewed, it will be seen that the
matching procedure is iterative, when accounting for component
efficiencies. The nozzle efficiency was not mentioned during the
match process. The rozzle airflow curve, Figure 2.39, calculated
the ideal gas flow for a given nozzle throat area (see Section
2.5). Due to the boundary layer and nozzle expansion, it is .
difficult to establish the effective area which will produce
the desired match. Rather than attempt to manufacture a nozzle
with an area calculated to yield the correct match, convergent
nozzles are sometimes undersized and "cut back" to produce the
correct match, C-D nozzles generally have throat areas that are
adjustable so as to produce tke desired operating line.

e —

To determine the gzs generator curves from test, noc. efficiencies
need be detemmined.

e chame . et

6. Ideal Gas - An ideal gas is one which obeys the perfect gas law.
This also implies tht is constant. .e match was established
using this assumption. " The effect of a variable C, on the GGC
can be shown to be rather insignificant especially if the
equations, which were developed assuming constant C_, are used
with a C_ based on the local temperature. To develgp the curves
from tes?, the effect of a variable Cp is inherent in the data.

PP T U e e el e

7. Reynolds Number - The GGC are based on a unique compressor map. -
As mentioned in Section 2.2 the performance of the compressor
will change as Reynolds number changes, The effects on compres-
sor map will be determined for these conditions and applied as
corrections; thus when analytically detemining the GGC, altitude
must be noted. (Usually the effects occur at altitudes above
40,000 feet.,) Hence during flight test, the data should be
coded for altitude.

PRI RPTREe S g TR Y

1 e i v A

The generalization of the engine performance can now be appreciated. : 3
A review of the assumptions made gives insight into how the GGC can be
utilized. The operating line is established by the engine manufacturer in

an attempt to yield the best overall operating conditions, Once estab- - .
iished for a given engine design, each engine of that design is :produced - ’
and adjusted by using nozzle area to repeat the desired operating line. “
Thus when an engine is installed in the aircraft, the gas generator curves * :

are determined and any difference that exists from the uninstalled-to the
installed condition is the "installation effect" (bleeds, inlet,; etc.).
The magnitude of the shift is critical and must be: evaluatéd to-d temine
the extent of any off design .cperation. It is obvious now,. why-engine
manufacturers limit the -power and bleed take-cffs, If the-installation -
causes severe problems. the.-cause- must bé determined -and corrected; The
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gas senerator curves are the keys in determining installation effects and
analysis of possible corrective measures.

Once the installation is complete and the installed GGC are estab-
lished for each engine, any shift as a function of time gives warnings
that some component of the engine has changed and if severe enough
corrective action is warranted. Thus, the GGC can be looked upen as
engine health curves. All engine performance that is utilized to establish
aircraft performance should be evaluated by comparing it to a set of
previously established GGC fo.r that engine. If a set of data falls eithexr
high or low on these curves, the validity of thrust or fuel comsumption
data may be question:ible.
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3.3 THRUST DETERMINATION

The preceeding discussion has focused on how engine performance
generalizes. The GGC represent the thermodynamic characteristics of
a particular engine. Of practical use is the determination of net
thrust at some particular altitude, Mach number, and throttle setting. As
an example, the maximum thrust determination for an engine governed to a
constant speed (Npax) will be described. Altitude and Mach number must
be specified. To start, calculate the governing corrected rotor speed
(Npax/V/0T2) where 6r_ is determined from a specified altitude and Mach
number for which the~thrust is desired. Enter a curve similar to
Figure 3.7 for the particular engine to get the corrected airflow. The
inlet recovery, previously determined and generalized as shown typically
on Figure 1.9a, in conjunction with altitude and Mach number is used to
compute the actual airflow from the corrected airflow. With this, the
ram drag can be determmined.

The nozzle pressure ratio is calculated from altitude, Mach number,
and engine pressure ratio using a curve similar to Figure 3.5, The theoret-
ical gross thrust is obtained by using the appropriate equation depending or
the nozzle (convergert or C-D) and pressure ratio. Multiplying the result
by thc gross thrust coefficient, yields the actual gross thrust. Sub-
tracting the ram drag from the gross thrust yields the net thrust.

The only bgsic information required is a knowledge of how the engine
is controlled. For the engine in the above example, the fuel control
simply maintained a constant engine speed. Some engines, however, may
be governed in maximum power by a speed biased by total inlet temper-
ature. Thus, for any given total inlet temperature, the fuel control
will set and maintain the scheduled speed. Once the fuel control
characterist.cs are known, it is an easy process to combine them with the
GGC to get the engine performance.
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3.4 AFTERBURNER OPERATION

Once the engine is designed any modification to the engine should be
considered in light of the effect it will have on the GGC. An obvious

modification is the installation of an afterburner. For isintropic non-
afterburning operation

wa»fa'g ) wa/eTg _ ha/é',r‘l_o
5 o
6T5 Tg Tlo

For A/B operation, it is desired to keep Y. s constant since the basic

T

operating line of the engine would otherwise ghange. When the A/B is 1it,
the engine is generally operating at high power settings and ¥My9 is unity
for a convergent nozzle. Ideal A/B operation is with FTg =mpT9 = PTyp
There is a rise in total temperature producing TTg < TT9 = 1Tyg. Since the
nozzle is choked and the total pressure is constant, the airflow must
decrease because (TT;5)A/B >(TT, o)NON A/B. This decrease in airflow will
cause WaVGTS to decrease changing the match of the engine. If the engine

GTS

speed is held constant, the operating line may be driven past stall. To
avoid this problen, the nozzle area must increase by:

,?~ T.
(Am)A/B - TIOAB - _'1_'_9_
v &

(A10)non a/B ) T
NON A/B s

Actually (A;0)A/B must be slightly larger than that given by the above

equation because of the A/B fuel flow. A similar result will occur if the
A/B is operated in an engine installed with a C-D nozzle. The only change
in the anzlysis is that ATA/B > ATNON A/B. Note that t1e divergence area

ratio Ayp/A remains constant for complete expansion because (pTg/Plo)A/B
equals PTo/F10)NON A/B,

Since the nozzle area was shown to be an extremely sensitive parameter
governing the match of the engine, a continuously modulating nozzle may be
required in A/B to keep the match constant. Measurement of ITg¢ is not
possible, due to the high temperature. The method normally employed i$ to
monitor compressor pressure ratio- (or engine pressure ratio) and corrected
engine speed. A cam is installed in the fuel control representing the
desired operating line. If the sensed pressure ratio is greater than
desired for a given corrected -engine Speed (see Figures 3.5 and 5.6) the
fuel control will increase the nozzle aréa until thé error is nulled.




P Converseiy, if the sensed pressure ratio is less, the fuel control will
decrease the area, Any problem that arises in A/B usually can be traced
to the fuel control not fulfilling its function of maintaining the engine
operating line,
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